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Abstract — The objective of this project is the development of
a mission analysis tool for the nanosatellite company GomSpace
Sweden. Although there are many existing software, they can
be quite complicated and time consuming to use. The goal of
this work is to build a simple app to be used at the earliest
stages of space missions in order to obtain key figures of merit
quickly and easily. By comparing results, assessing the feasibility
of customer needs, analysing how various parameters affect
each other, it enables immediate deeper understanding of the
implications of the main design decisions that are taken at
the very beginning of a mission. The tool shall aid the system
engineering process of determining orbit manoeuvre capability
specifically for CubeSat electric propulsion systems taking into
account the most relevant factors for perturbation in Low Earth
Orbit (LEO), i.e. atmospheric drag and Earth’s oblateness effects.
The manoeuvres investigated are: orbit raising from an insert
orbit to an operating orbit, orbit maintenance, deorbiting within
the space debris mitigation guidelines and collision avoidance
within the 12 to 24 hours that the system has to react. The
manoeuvres cost is assessed in terms of ∆v requirements,
propellant mass and transfer times. The tool was developed with
MATLAB and packaged as a standalone Linux application.

Keywords: Mission analysis, CubeSat, Propulsion, Low
Earth Orbit (LEO), Perturbations, Atmospheric drag, Earth
oblateness.

Sammanfattning — Målet med detta examensarbete var att
utveckla ett verktyg för missionsanalys för nanosatellitföretaget
GomSpace Sweden. Det finns många andra mjukvaror för att nå
samma mål men de är ofta komplicerade och tidskrävande. Det
specifika målet var således att skapa en enkel applikation som
kan användas i de tidiga stegen av utformning av rymduppdrag
för att snabbt och enkelt få fram viktiga parametrar. Genom att
jämföra resultat, uppskatta genomförbarheten av kundbehov och
analysera hur olika parametrar påverkar varandra kan omedel-
bar förståelse erhållas rörande påverkan av designbeslut som
tas i början av rymduppdragen. Verktyget ska stödja systemin-
genjörsprocessen genom att uppskatta banförflyttningskapacitet
för elektriska framdrivningssystem för CubeSats och ta i beak-
tande de mest relevanta faktorerna gällande störningar i låg
jordbana (LEO), i.e. atmosfäriskt motstånd och effekterna av
Jordens form. De undersökta manövrarna är: banhöjning från
injektionsbana till operationell bana, banunderhåll, bansänkning
som följer riktlinjerna för rymdskrot och kollisionsundvikande
inom de 12 till 24 timmar som systemet har på sig att reagera.
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Kostnaden för manövrarna är uppskattade genom ∆V-krav,
massan av bränslet och förflyttningstider. Verktyget utvecklades
med MATLAB och paketerades som en fristående applikation i
Linux.

LIST OF SYMBOLS
F thrust
m mass
m0 initial mass
mf final mass
mp propellant mass
r position
t time
v velocity
ve exhaust velocity
Isp specific impulse
G gravitational constant
g standard mean acceleration of gravity on Earth
µ Earth standard gravitational parameter
ε energy
S surface area
Acs cross-sectional area
A acceleration
a semimajor axis
e eccentricity
i inclination
ν true anomaly
Ω right ascension of the ascending node
ω argument of perigee
n mean motion
M mean anomaly
E eccentric anomaly
T orbital period
RE Earth radius
J2 Earth oblateness coefficient
ρ atmospheric density
D drag
CD drag coefficient
CR reflectivity coefficient
F10.7 solar radio flux
Ap geomagnetic index
φ angle between Sun vector and satellite vector

I. INTRODUCTION

ACubeSat is a miniaturised satellite made up of cube
units with sides of 10 cm (1U = 10×10×10 cm3).

The standard was created in 1999 by California Polytechnic
State University, San Luis Obispo and Stanford University’s
Space Systems Development Lab. It was initially developed
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to facilitate frequent and affordable access to space for
educational purposes targeting university students. Since
then, it has gained popularity and it is now widely adopted
in hundreds of private firms and government organizations
worldwide. This success is due to the low-cost of developing,
building, and launching a CubeSat. Moreover, technological
advancements have brought about miniaturised components,
thus enabling missions that are more and more ambitious.
However, so far only a limited number of CubeSats have
flown equipped with a propulsion system and most of them
used cold gas solutions for attitude control and reaction wheel
desaturation only [1]. Among other space operations that
propulsion can allow, particular attention should be devoted
to end-of-life disposal in order to mitigate the space debris
issue in Low Earth Orbit (LEO). Space debris includes all
man-made, non-functioning objects in orbit around Earth due
to discarded rocket upper stages, dead satellites, collisions,
expended fuel and explosions. As of January 2019, European
Space Agency (ESA) Space Debris Office in Darmstadt,
Germany has estimated the total mass of all space objects in
Earth orbit to be more than 8400 tonnes. It could damage
active missions in orbit and even be dangerous on the surface
in case of not burning up completely during the eventual
atmosphere impact. The European Code of Conduct for
space debris mitigation currently recommends satellites and
orbital stages deployed below 2000 km to re-enter Earth’s
atmosphere within 25 years of mission completion. However,
with the number of objects in space expected to increase
steadily, guidelines can be anticipated to be transferred into
stricter regulations. Collision avoidance manoeuvres are
crucial for the same reason: in case of collision, not only
the satellite is lost, but the entire orbit remains impracticable
for a long time. A propulsion system is therefore necessary
in order to propel CubeSats back into the atmosphere at the
end of their mission and to avoid collisions with the goal of
keeping LEO clean and safe. Since the beginning of the space
age in 1957, when Sputnik 1, the first artificial Earth satellite
was launched, more than 9000 spacecraft have been put into
orbit. Currently, only about 2000 of those are operational.
In fact, according to ESA, collision avoidance manoeuvres
mostly deal with dead objects in space. However, the amount
of active satellites is bound to increase significantly with
the introduction of constellations of thousands of satellites.
They will provide tremendous services such as global internet
access, precise location tracking, and more. At the same time,
they bring about new challenges to maintain space safe and
sustainable.

II. ELECTRIC PROPULSION

Spacecraft require propulsion to provide forces and torques
in order to perform orbit transfers, as well as orbit and attitude
control to correctly position and orient the satellite in space.
The basic principle of propulsion is to produce thrust by
ejecting a mass dm, i.e. propellant, in a time dt, with an
exhaust velocity ve. The thrust F is defined as [2]:

F =
dm

dt
ve. (1)

The spacecraft is a closed system with no external forces
acting on it, thus linear momentum is conserved:

d(mv)

dt
= m

dv
dt

+ v
dm

dt
= 0. (2)

Equation (2) can be integrated to give the rocket equation:

∆v = ve ln
m0

mf
(3)

where m0 is the initial mass of the spacecraft and mf the
final one after the propellant (mp = m0 − mf ) has been
ejected. Therefore, in order to achieve a velocity change ∆v,
a spacecraft requires an amount of propellant mp:

mp = m0(1− e−∆v/ve). (4)

Besides the thrust F , another figure of merit for determining
engine performance is the specific impulse Isp, which is
commonly used instead of the exhaust velocity ve:

Isp =
ve
g

(5)

where g is the standard mean acceleration of gravity on Earth.

Chemical propulsion, both hot and cold gas systems,
converts the propellant chemical energy into kinetic energy.
Hence, it is limited by the amount of mass available and
its chemical properties. Electric propulsion, on the other
hand, uses a separate energy source, thus enabling much
higher energy propellants. There is no theoretical limit to
the amount of electrical energy that could be added to a
certain quantity of mass. In this case, what poses a constraint
is the system responsible for power generation, storage
and consumption. Electric propulsion systems are in fact
quite power demanding. However, during phases such as
commissioning and decommissioning, when the payload is
not active, there is power on-board that an EP system could
exploit. The other drawback of using electric propulsion
on nanosatellites is the low thrust, which entails significant
increase in orbit transfer time.

In an orbit raising manoeuvre, the semimajor axis a must
be increased, changing the orbital energy [2]:

ε = − µ

2a
(6)

where µ is the Earth standard gravitational parameter. The
specific energy ε changes because the propulsion system does
work on the vehicle at the rate [2]:

dε

dt
= A · v (7)

where A = F/m is the acceleration of the vehicle. The
efficiency is maximised when the two vectors A and v are
aligned. Thus, the spacecraft shall accelerate in the direction
of motion. If the vehicle has very low acceleration, then the
orbit is likely to remain nearly circular. The resulting trajectory
will then be a slow outward spiral. In Eq. (7), the velocity can
be substituted with v =

√
µ/a giving:

dε

dt
= A

√
µ

a
. (8)
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Taking the derivative of Eq. (6):

dε

dt
=

µ

2a2

da

dt
(9)

and combining Eq. (8) with Eq. (9) results in the equation of
motion for the semimajor axis of the orbit:

da

dt
=

2
√
µ
a3/2A. (10)

Integrating Eq. (10), gives the solution:

a
−1/2
0 − a−1/2 =

A
√
µ

(t− t0). (11)

Equation (11) can be used to find the time t− t0 required to
perform a spiral transfer from an initial semimajor axis a0 to
a final one a. It can also be used to find the total velocity
change:

∆vtot = A(t− t0) =

√
µ

a0
−
√
µ

a
(12)

which corresponds to the difference in the circular orbit
speeds of the initial and final orbits and does not depend on
the acceleration of the spacecraft.

Chemical propulsion was the first technology to be
developed for space propulsion applications. It is mostly
regarded as fully developed, with the exception of green
fuel research [3]. Although chemical engines provide the
highest thrust levels, they are limited in specific impulse.
For this reason, there is now growing interest in the industry
to look for alternatives. Electric propulsion can achieve
much higher exhaust velocity, which allows for a significant
decrease in propellant mass required, which in turn reduces
the overall weight of the spacecraft and, consequently, its cost.

Launchers may inject CubeSats into a parking orbit that
does not correspond to the operational orbit. Therefore, in
this scenario, an orbit raising manoeuvre would be required.
Then, at the end of the mission, it would be ideal to perform a
deorbiting manoeuvre due to the aforementioned space debris
issue, which, together with the growing number of spacecraft,
is also the reason why collision avoidance manoeuvres need
to be developed. Although collision avoidance is not explicitly
found in the tool, it can be evaluated by performing small
orbit raises or deorbits. In September 2019, ESA performed
the first collision avoidance manoeuvre to protect one of its
spacecraft, Aeolus, from colliding with a SpaceX satellite in
the Starlink44 constellation. The risk of collision was around
1 in 1000, 10 times higher than ESA’s threshold. Thus,
Aeolus altitude was increased by 350 m to ensure it would

comfortably pass over the other satellite.

There are three main different ways to produce thrust with
electric energy:
• Electrothermal systems heat the gaseous propellant by

passing it through an arc discharge (arcjet) or over an
electric heated solid surface (resistojet), before expanding
it in a nozzle,

• Electromagnetic systems also heat a gas in an arc dis-
charge, but in this case the temperature is so high that
the gas becomes plasma that is then ejected through a
magnetic field at high velocity (plasma thruster),

• Electrostatic systems accelerate discrete charged particles
with electrostatic forces. The propellant can be ionized
by electron bombardment (Kaufman thruster), in a
high frequency electromagnetic field (radio frequency
thruster), or by extracting ions from the surface of a
liquid metal (electrospray and field emission thruster).

In the section below, three examples of suitable electric
propulsion systems for CubeSats are reviewed in detail: an
electrospray, a Field Emission Electric Propulsion (FEEP) and
a Radio Frequency Ion Thruster (RIT), all belonging to the
electrostatic system category.

A. State of the Art

As mentioned above, of the few launched CubeSats
equipped with a propulsion system, the preferred solution has
been Cold Gas (CG) due to the system being well established,
relatively simple and capable of maintaining the low cost,
low mass and low volume constraints [4]. A valid alternative
could be Electric Propulsion (EP), which uses electricity
to increase the propellant exhaust velocity providing lower
thrust but significantly higher Isp compared to CG systems.
Isp is directly related to propellant mass as shown in Eq. (3),
(4), and (5): high specific impulse results in low propellant
mass needed to perform manoeuvres.

Ion thrusters, a form of EP that creates thrust by accel-
erating positive ions, have been successfully demonstrated
and routinely used for decades by larger satellites, but only
recently EP technology has begun to be fully exploited due to
the increase in available power on board [5]. Some relevant
applications include:
• NASA Deep Space 1 mission to the Moon with the

NSTAR ion engine launched in 1998,
• JAXA Hayabusa to a near-Earth asteroid powered by four

xenon ion engines launched in 2003,

TABLE I: Three examples of suitable electric propulsion systems for CubeSats

Technology Electrospray Field Emission Electric Propulsion (FEEP) Radio Frequency Ion Thruster
Thruster BET-1mN IFM Nano Thruster RIT-µX

Manufacturer Busek Enpulsion ArianeGroup
Thrust (nominal) [mN] 0.7 0.35 0.5

Isp (nominal) [s] 800 4500 3000
Power (nominal) [W] 15 40 50

Volume [U] 1 <1 <1
Propellant Ionic liquid Liquid metal Xenon



4

• ESA SMART-1 with the PPS-1350 Hall thruster to Lunar
orbit launched in 2003,

• ESA/JAXA BepiColombo launched in October 2018 to
Mercury orbit.

In December 2015, ESA launched LISA Pathfinder, a
spacecraft that, unlike the above mentioned missions,
did not use ion thrusters as the main propulsion system.
Instead, novel smaller EP technology was adopted for
precise attitude control: colloid thrusters and Field Emission
Electric Propulsion (FEEP) [6]. Besides providing attitude
control for bigger spacecraft, these low-thrust systems could
serve as primary propulsion for CubeSats as an alternative
to cold gas solutions allowing manoeuvres such as orbit
raising, deorbiting and collision avoidance, as well as orbit
maintenance. A colloid thruster, also called electrospray
thruster, electrostatically accelerates charged ionic liquid
droplets. An example is the thruster BET-1mN manufactured
by Busek. It can yield thrust up to 1 mN and Isp up to
1300 s occupying a volume of 1U. Busek developed the
colloid electrospray propulsion system that was successfully
demonstrated on the LISA Pathfinder spacecraft in 2016
[7]. The second new technology mentioned is FEEP, an ion
thruster that uses liquid metal as propellant. An example
is given by Enpulsion, the manufacturer of the IFM Nano
Thruster that provides thrust ranging from 10 to 500 µN
and Isp up to 6000 s. It was successfully tested in early
2018, performing independently confirmed orbit changes
[8]. Another interesting example is the radio frequency
ion thruster RIT-µX by ArianeGroup. Its working principle
is electrodeless ionization of the propellant, xenon, by
electromagnetic waves, giving a thrust between 10 and
500 µN with Isp up to 3000 s [9]. The specifications of
these three EP systems are summarized in Table I. For
comparison, an example of a CubeSat cold gas propulsion
system is NanoProp developed by GomSpace in two versions:
3U and 6U. It is currently flying on the Chinese mission
Tianwang-1 launched in September 2015 [10]. It consists of
two unpropelled 2U CubeSats and one 3U CubeSat equipped
with NanoProp 3U. The propulsion module performance,
verified between ground and on-orbit testing, is around 4
mN of thrust and 110 s of specific impulse with an average
operating power of <2.5 W [11]. The difference with the
EP systems mentioned above for all three main parameters
considered is of one order of magnitude.

Over the past decades, a large number of commercial
and military satellites utilized EP technology, proving its
success [5]. Nonetheless, the development of EP systems
is still of interest for two reasons: the introduction of all-
electric communication satellites and the clear benefit of small
satellites, constellations and science probes [5]. Undoubtedly,
the quantity and variety of EP systems is bound to increase
substantially in the near future [5].

III. PERTURBATIONS IN LEO

The most basic gravitational problem is the so-called two
body problem: two point masses are mutually attracted and

orbit each other as a result. It is the only gravitational problem
with a closed form solution, Eq. (13):

r̈ = −µr
r3

(13)

where r is the position vector of the second mass relative
to the first mass and µ = G(m1 + m2). In most cases the
parameter µ is approximated to Gm1, since it is uncommon
for two nearly equal masses to orbit each other. For Earth
satellites, µ = 3.986004419 · 1014 m3/s2. It is called the
standard gravitational parameter and it is commonly used
instead of the two separate quantities, the gravitational
constant G and the mass of the Earth, because it can be
determined to higher accuracy thanks to precise spacecraft
tracking.

It is called a Keplerian orbit when there are two objects
alone in the system, the only force considered is gravity, one
mass is much greater than the other and it is also spherically
symmetric. The two body problem, i.e. a purely Keplerian
orbit, is fully specified with the initial conditions of position
and velocity. The equation of motion can be integrated in
order to determine position and velocity at any other time
in the future. Thus, an orbit is specified with six scalars:
three position components and three velocity components. This
method however does not convey much practical information
about the orbit appearance. A more common system is the
classical or Keplerian elements, shown in Fig. 1, consisting in
the following:
• semimajor axis a, the sum of apogee and perigee dis-

tances divided by two,
• orbital eccentricity e, the shape of the ellipse,
• true anomaly ν, the position at a specific time, or epoch,
• Right Ascension of the Ascending Node Ω, the angle

measured eastwards from the First Point of Aries, i.e.
the location of vernal equinox, where the Sun meets the
celestial equator from south to north,

• orbital inclination i, the tilt of the ellipse with respect to
the reference plane,

• argument of perigee ω, the angle measured from the
ascending node to the perigee, defining the orientation
of the ellipse in the orbital plane.

Despite being a good approximation, reality deviates from
Kepler’s laws. Those deviations are called perturbations.
Without perturbations, satellites orbits would remain
unchanged forever. Evidently, that is not the case, especially
in Low Earth Orbit, the most perturbed region. Nonetheless,
it is the region where most satellites are found because of the
privileged position for global monitoring, telecommunications,
and astronomical observations, and because of the lower
launch cost. There are two different kinds of perturbations:
secular and periodic. The latter are also called gravitational
perturbations as they are due to the non-uniform Earth mass
distribution and third-body interactions, such as the Sun, the
Moon or planets. They are conservative forces, only causing
periodic changes in the orbit energy. In other words, their
effects cancel after each cycle. Secular perturbations, on the
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Fig. 1: Keplerian elements [12]

other hand, build up over time. They are non-gravitational,
due to aerodynamic forces and Solar Radiation Pressure
(SRP). While gravitational perturbations models are high in
accuracy, non-gravitational perturbations are difficult to model
because they require a good knowledge of the spacecraft
geometry and surface properties, as well as reliable estimates
of the molecule and photon particle flux [13].

Fig. 2: Order of magnitude of perturbations in LEO [14]

Figure 2 shows the order of magnitude of perturbations in
LEO. Below the dominant two-body attraction, the J2 and J4

non-uniform Earth mass distribution coefficients are found to
be the most relevant perturbation. The J2 oblateness term is
discussed in more detail in the section below. The other grav-
itational perturbations are caused by third body interactions
with the Moon and the Sun, which can be neglected as they
are vastly dominated by J2 in LEO. They become important
in GEO, where they are the main reason for stationkeeping.
The relevant non-gravitational perturbations in LEO are the
atmospheric drag (also discussed below) for lower altitudes
and the Solar Radiation Pressure (SRP) for higher altitudes.
SRP is a drag force that arises with the interaction of the
satellite surface with solar photons. The acceleration caused
by SRP is defined by Eq. (14):

aR ≈ −4.5 · 10−6(CR + 1)Acs/m (14)

where Acs is the satellite cross-sectional area, m its mass,
and CR is the reflectivity coefficient (CR = 0 for absorption,
CR = 1 for specular reflection). Precise modelling of SRP
is a complex task involving a great number of simulation
steps [15]. Figure 2 only shows the order of magnitude of
the perturbations, but the direction in which they act is also of
importance. Unlike air drag, SRP is not always in the opposite
direction of motion. Thus, its only effect in LEO is a small
eccentricity growth [16]. Of the non-gravitational perturbation
forces, what affects orbit and attitude maintenance cycles the
most in LEO is atmospheric drag. SRP becomes dominant at
higher altitudes and in case of highly eccentric orbits [13].
For this reason, for the scope of this project, Solar Radiation
Pressure is not considered.

A. Earth Oblateness Effects

Earth oblateness is the equatorial bulge due to the planet’s
rotation on its axis. This extra mass applies a torque on
the orbit in the same direction at both points farthest from
the equator, which results in the gyroscopic effect of the
precession of the orbital plane at the rate:

Ω̇ = −3

2

R2
E

√
µJ2

a7/2(1− e2)2
cos(i) (15)

where Ω is the Right Ascension of the Ascending Node and Ω̇
is then the nodal drift rate, RE is the Earth radius, µ the Earth
standard gravitational parameter, a the orbit semimajor axis,
e the eccentricity, i the inclination, and J2 = 0.0010826359
is the oblateness term, i.e. the dimensionless number
representing the equatorial bulge. The fact that the Earth
is not perfectly spherical can be a very useful perturbation
as it can be exploited to design a special type of orbit:
the Sun-synchronous orbit. Altitude and inclination can be
combined in such a way so that the orbital plane rotation
rate, Eq. (15) is equal to the Earth’s revolution around the
Sun, i.e. Ω̇ = 360◦/365.25 days = 0.9856◦/day. In this way,
the orbital plane maintains its relative position with respect to
the Sun at all times. The nearly constant Sun angle provides
consistent surface illumination, which is advantageous for
Earth observation applications. Sun-synchronous orbits are
also nearly polar, so global coverage can be achieved as well.
A special case of Sun-synchronous orbit is the dawn/dusk
orbit, where the local mean solar time of equatorial passes
is 6 am and 6 pm, around sunrise and sunset. It is of
particular interest since it is the orbit with the least amount
of Earth shadowing. Solar arrays can almost always collect
energy from the Sun, which is especially useful for Electric
Propulsion systems as they are quite power demanding.

Earth oblateness has also a second major effect: the advance
or regression of the line of apsides. It consists in the rotation
of the orbit in its own plane. In other words, not only the
Right Ascension of the Ascending Node changes linearly with
time, but also the argument of perigee. As for the other orbital
parameters, the semimajor axis, eccentricity and inclination,
their variations are small and periodic and can be neglected.
This second effect, although important, is not analysed in more
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detail since the tool developed for this project is limited to
circular orbits and, without the eccentricity, the argument of
perigee cannot be determined. The limitation is considered
reasonable because LEO satellites are very likely to be in
circular orbits, or nearly circular orbits. This can be explained
as follows: considering an initial elliptical orbit at low alti-
tudes where the air drag causes a continuous orbital energy
dissipation, the satellite is deepest into the atmosphere at its
perigee, its speed is then reduced, lowering apogee height,
resulting in the circularization of the orbit. Moreover, focusing
on electric propulsion systems, the tool only considers low
thrust manoeuvres. The orbit is then very likely to remain
circular.

IV. ATMOSPHERIC MODEL

For over 50 years, the atmosphere spatial and temporal
variations have been studied. Developing models for the
chaotic behaviour of the atmosphere is no easy task [17].
The most extensive work was done in 1965 by Jacchia [18].
Some of the Jacchia atmospheric models are still used to this
day. However, earlier models are based more on theory than
on empirical data [19]. Newer models are mostly corrections
and updates of previous ones [20]. The atmospheric model
chosen for this project is the NRLMSISE-00. The full name
is US Naval Research Laboratory Mass Spectrometer and
Incoherent Scatter Radar Extended and it was released in
2000. It is an empirical model: composition, concentrations,
temperatures, total mass densities and derived quantities are
based on measurements by satellites, rockets and radars. It
is the latest addition to the MSIS-class, which has been the
one of choice among upper atmospheric scientists for over a
decade [21]. Among other atmospheric models, the CIRA-86
climatology is used by several researchers. It consists of two
overlapping databases, one for altitudes below 120 km and
one for altitudes above 100 km. The former is based on
averages of global data compilations and the latter on MSIS-
86. Operational communities typically use the Jacchia-class
models or, in some cases, the more limited U.S. Standard
Atmosphere [21]. Jacchia models rely on measurements from
orbital decay of objects which flew between 1961 and 1970.
MSIS-class models are based on over two decades of data
gathered on atmospheric composition, temperature, and total
mass density instead of orbital dynamics. NRLMSISE-00
contains new large-scale data sets, which are relevant due
to the fact that MSIS and Jacchia models have no calendar
year dependency. Thus, gradual changes in the atmosphere
would not be taken into account otherwise. In order for
empirical models to represent recent actual atmospheric
conditions, new data needs to be added regularly. Moreover,
instruments and data processing methods generally improve
with time, becoming more diverse and robust. For these
reasons, NRLMSISE-00 has proven to be more reliable
than older models of the MSIS-class and Jacchia-class [21].
Another upgrade worthy of notice in the NRLMSISE-00
atmospheric model is the inclusion of a new component: the
anomalous oxygen. It is hot atomic and singly ionized oxygen
present at altitudes above 500 km near the poles during their

respective summers and it is a significant contribution to
drag [22]. Finally, another advantage of NRLMSISE-00 is its
extensive range as it is valid from 0 km up to 1000 km altitude.

To estimate the total mass density of the atmosphere,
NRLMSISE-00 requires the following parameters:
• Altitude,
• Local solar time,
• Geodetic latitude,
• Geographic longitude,
• Day of the year,
• Mean solar flux F10.7 (averaged over 81 days, i.e. 3 solar

rotations),
• Actual solar flux F10.7,
• Current geomagnetic activity Ap.

The density of the atmosphere varies with location,
given by altitude, latitude and longitude. It also depends on
temperature, hence the local solar time and day of the year
parameters. Finally, particular attention should be devoted
to the fluctuations due to solar and geomagnetic activity. It
is in fact associated with the main assumptions made when
developing atmospheric models [17]. The Ap index expresses
the daily average level of geomagnetic activity. A network
of observatories measures the global scale of disturbance
of the Earth’s magnetic field [23]. Geomagnetic storms are
detected with an Ap index above 30 (no units). In the data
gathered from October 1957 to March 2019 shown in Fig.
3(a), the value is found to be below 30 for 92% of the time,
as it can also be inferred from the probabiltiy distribution in
Fig. 3(b). Concerning solar activity, the quantity of interest
is the Extreme Ultraviolet (EUV) Radiation index. However,
it is typically taken as the solar radio flux F10.7, mostly due
to its availability. The 10.7 cm wavelength, or 2800 MHz
frequency, is sensitive to changes in the upper chromosphere
and at the base of the corona, i.e. the outer layers of the
Sun’s atmosphere. It is therefore an ideal index for solar
activity monitoring [24]. The Dominion Radio Astrophysical
Observatory in Penticton, Canada, measures and publishes
the F10.7 values daily. As shown in Fig. 4(a), this index
follows the nearly periodic 11-year solar cycle with values
between 64 and 100 Solar Flux Units (1 SFU = 10−22

W m−2 Hz−1) for solar minima and from 120 up to over
380 SFU during solar maxima. Similarly to the Ap index,
the F10.7 probability distribution in Fig. 4(b) shows that
low values are more likely than higher ones. However,
in the unlikely event of both high solar and geomagnetic
storms, the atmospheric drag increases dramatically, as
shown in Fig. 5. Solar and geomagnetic activity introduces
extreme variability in exospheric temperature, atmospheric
composition and densities [20]. Daily values of the Ap and
F10.7 indices recorded from 1957 to 2019 plotted in Fig. 3(a)
and Fig. 4(a) were taken from the website www.celestrak.com.

V. ORBITAL DECAY LIFETIME

A LEO satellite lifetime is finite due to the continuous
orbital energy dissipation by the atmospheric drag. The first
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(a) Daily average Ap (b) Ap probability distribution

Fig. 3: Geomagnetic index Ap data from 1 October 1957 to 23 March 2019

(a) Daily observed F10.7 (b) F10.7 probability distribution

Fig. 4: Solar radio flux F10.7 data from 1 October 1957 to 23 March 2019

effect is the orbit circularization due to the fact that at perigee
the spacecraft is deepest into the atmosphere, which reduces
its speed, lowering the apogee height. For this reason, it is safe
to assume the eccentricity to be always zero and only consider
circular orbits. This also means that the air drag force is always
tangential to the direction of motion. The atmospheric drag
force D is defined by Eq. (16):

D =
1

2
ρv2CDAcs (16)

where ρ is the atmospheric density, v the orbital velocity,
Acs the cross-sectional area perpendicular to the direction
of motion and CD the drag coefficient. The drag coefficient
quantifies the resistance of an object in a fluid. In this case, it
depends on the way air molecules collide with the spacecraft,
hence, on its shape. For a typical satellite, CD = 2.2.
Concerning lifetime decay estimations, CD variations can be
considered negligible [25]. As for the cross-sectional area Acs,
in cases where the attitude is unknown, a good approximation

is given by the flat-plate model, which states that for a plane
sheet of area S, the mean surface area is S/2 [25]. Similarly,
for a parallelepiped-shaped spacecraft with surfaces S1, S2

and S3 (their opposite sides are not visible):

Acs =
1

2
(S1 + S2 + S3). (17)

Solar array surfaces are to be added as well. This model has
been shown to be accurate to within 20% for tracked objects
[25].

Decay analysis is far from an exact science. Figure 6 shows
all the models that contribute to the inaccuracy of the estima-
tions with their combined uncertainties. As discussed above, a
major source of unpredictability is space weather conditions.
Differences between predicted and observed CubeSat lifetimes
are in the order of 50% [25]. Another example estimates orbital
decay of a spacecraft with an initial 36000 km×250 km orbit
to vary between 8 and 70 years [26]. However, studies of
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Fig. 5: Atmospheric drag increases with Ap and F10.7. The altitude 500 km was chosen as a reference point to study the
change with solar and geomagnetic activity. The same trend was observed at different altitudes.

Fig. 6: Schematic representation of uncertainties of orbital
lifetime in LEO. White box: deterministic modeling, grey box:
stochastic modeling, black box: unmodeled dynamics [14].

CubeSat decay lifetime indicate considerable sensitivity to
mass, cross-sectional area and atmospheric model, whereas
Solar Radiation Pressure (SRP) does not exhibit any apprecia-
ble influence [27].

VI. MATLAB APPLICATION

The mission analysis tool was developed as a MATLAB ap-
plication. The Graphical User Interface (GUI) consists of four
tabs: Input, Output, Sunlight/Eclipse and Solar/Geomagnetic
Activity Data. They are discussed in detail and shown as
screenshots below in Figs. 7, 9, 10, and 13.

A. Tab 1: Input

The first tab is dedicated to all the input parameters that the
user has control over, Fig. 7. The first one is the data relative
to the satellite:
• dry mass, including everything except the propellant

mass,

• cross-sectional area, a rough estimate when the attitude
is unknown is the flat-plate model, Eq. (17),

• drag coefficient, typically has a value of 2.2.
The values characterising the propulsion system are the

thrust, Eq. (1) and the specific impulse, Eq. (5). They
remain constant throughout the manoeuvres. Any value can
be inserted or pre-defined values can be chosen from a
list of examples, which consists of the three EP systems
of Table I. The application was designed mainly to assess
the performance of Electric Propulsion systems. Thus, the
manoeuvres are considered to be low thrust spirals. However,
comparison analyses can be performed by inserting any
value for thrust and specific impulse: propellant and time
calculations will still be reliable to the same degree (∆v
is unaffected). What cannot be ensured after a high thrust
manoeuvre is the circularity of the orbit.

The app analyses two main manoeuvres:
• Orbit raising from a parking orbit to an operational orbit,
• Powered deorbiting from the operational orbit to an end-

of-mission orbit.
From the end-of-mission orbit, the satellite decays

solely due to atmospheric drag. As for collision avoidance
manoeuvres, they can be assessed by analysing small range
orbit raises (or deorbits) that require less than 12–24 hours to
complete. One input panel is dedicated to the selection of the
altitudes of parking orbit, operational orbit and end-of-mission
orbit, Fig. 8.

Inclination, Right Ascension of the Ascending Node
(RAAN) and epoch can be selected in the “Orbital
Parameters” panel. As mentioned above, the eccentricity
is fixed to zero and cannot be changed. There is a tick-box
named “Sun-synchronous orbit”. When ticked, inclination and
RAAN are automatically set to a dawn/dusk Sun-synchronous
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Fig. 7: Screenshot of tab 1 (Input)

Fig. 8: Two of the manoeuvres investigated are orbit raising
from the parking orbit to the operational orbit and deorbiting
from the operational orbit to the end-of-mission orbit.

orbit with descending node at sunrise (6:00 LST) and
ascending node at sunset (18:00 LST). The inclination is
relative to the operational orbit and the RAAN is relative to
the epoch. If the box is unticked, then changes to operational
orbit and epoch will not result in changes to inclination and
RAAN and the orbit will no longer be Sun-synchronous.
Finally, the user is required to input the ∆v required for orbit
maintenance. In LEO, it is essentially drag compensation.

Typical values are shown in Table II.

TABLE II: ∆v requirements for orbit maintenance in LEO
[28]

Drag compensation Average ∆v Maximum ∆v
manoeuvre per year [m/s] per year [m/s]
Altitude: 400–500 km < 25 < 100
Altitude: 500–600 km < 5 < 25
Altitude: >600 km - < 7.5

In the bottom half of the first tab, the operational orbit
can be shown as an in-scale 3D image in Earth Centered
Inertial (ECI) coordinates where the xy plane corresponds to
the equator, the z axis is aligned with the Earth’s rotation axis
and the x axis is tied to the vernal equinox, i.e. the point in
the sky where the Sun crosses the equator from south to north
on the first day of spring. The orbit is computed as follows.
The first parameter to be defined is the Mean Anomaly M ,
Eq. (18), i.e. the angular distance from the pericenter at the
time t:

M = n(t− T ) (18)

where n =
√
µ/a3 is the mean motion and T the orbital

period. Given Kepler’s equation:

f(E) = E −M − e sin(E) (19)

and its derivative:

f ′(E) = 1− e cos(E) (20)
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Fig. 9: Screenshot of tab 2 (Output)

the Eccentric Anomaly E, i.e. the angle that specifies the
satellite’s position, can be computed with the Newton-Raphson
method:

E(i+ 1) = E(i)− f(E(i))

f ′(E(i))
(21)

using Eq. (19) and Eq. (20). It is the most common numerical
technique for moderate eccentricities. When the initial guess
E(1) is close to the solution, the Newton-Raphson method,
Eq. (21), is fast, reliable and stable. The true anomaly can
now be defined, Eq. (22):

ν = 2 arctan

(√
1 + e

1− e
tan

E

2

)
. (22)

The final step is to convert Keplerian elements to Earth
Centered Inertial (ECI) coordinates, Eqs. (23) to (26):

r = a[1− e cos(E)] (23)
x = r[cos(Ω)cos(ω + ν)− sin(Ω)sin(ω + ν)cos(i)] (24)
y = r[sin(Ω)cos(ω + ν) + cos(Ω)sin(ω + ν)cos(i)] (25)
z = r[sin(i)sin(ω + ν)]. (26)

In this way, the selected operational orbit can be shown both as
a 3D plot and as ground plot after pushing the “show orbit”
button. Below the ground plot, the number of orbits to be
displayed can be modified for some insight into the Earth

surface coverage or ground station passes. This algorithm was
later simplified as the tool was limited to circular orbits only.

B. Tab 2: Output

The second tab is the one of main interest for the purpose
of preliminary mission analysis as it outputs the cost of
the manoeuvres to be performed given the input parameters
of the previous tab, Fig. 9. The cost of orbit raising, orbit
maintenance and deorbiting is assessed in terms of propellant
mass budget, Eq. (4), transfer times, Eq. (11), and ∆v re-
quirements, Eq. (12). The first three panels in tab 2 are to be
operated in sequence: first the ∆v, then the propellant mass
and finally the transfer times. This is because the propellant
budget calculation depends on the ∆v (Eq. (4)) and the time
budget calculation depends on the propellant (Eq. (11)). The
final output at the bottom of tab 2 is the decay lifetime. The
push of this button shows how long it will take the satellite
to re-entry the atmosphere starting from the end-of-mission
altitude. Re-entry is considered to occur at an altitude of
around 200 km, given how rapidly the orbit decays at such
low altitudes due to atmospheric drag.

C. Tab 3: Sunlight/Eclipse

The third tab analyses the sunlight eclipse ratio of the
chosen orbit, Fig. 10. Electric propulsion systems are power
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Fig. 10: Screenshot of tab 3 (Sunlight/Eclipse)

Fig. 11: Schematic representation of a planet’s shadow region
[29]

Fig. 12: Simple cylinder model of the shadow of the Earth for
LEO satellites [30]

limited, hence the importance of sunlight to collect solar
power. For this reason, the orbit with minimum eclipse, i.e. the
dawn/dusk Sun-synchronous orbit, was made readily available
with the tick of a box. Assuming celestial bodies as perfect
spheres, the shadow regions are conical projections as shown
in Fig. 11. The penumbra region is partially shadowed by

the planet whereas the umbra region is characterized by total
shadow from the Sun. For low altitude circular orbits, the
umbral shadow can be greatly simplified as a cylindrical
projection of the Earth as shown in Fig. 12, [31]. The orbit is
in the shadow when the two following conditions are satisfied,
Eq. (27) and (28):

cos(φ) =
rsat · rSun

rsat rSun
< 0 (27)

rsat
√

1− cos2(φ) < RE (28)

When the altitude is below one Earth radius, this
approximation for calculating eclipse times causes an
error of the order of magnitude of 1% of the satellite orbital
period [32].

The “Orbital Parameters” panel at the bottom of this tab
keeps the same values as in the input tab. It is found here
again to easily make changes and compare results. The first
plot shows the 3D image of the orbit as well as the Sun
relative orbit and its position according to the chosen epoch
(not in scale). The position of the Sun relative to Earth was
computed using JPL ephemerides DE430 [33]. Below this plot,
a numerical area shows the percentage of the orbit in eclipse
in the selected day of the year. The second plot shows the
eclipse percentage throughout the year for the chosen orbit. For
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Fig. 13: Screenshot of tab 4 (Solar/Geomagnetic Activity Data)

Fig. 14: Part of the orbit in the shadow coloured in black

example, in Fig. 10, the orbit is dawn/dusk Sun-synchronous.
Changing the epoch alone to a summer day, the part of the
orbit over the south pole is coloured in black to indicate that
the satellite is in the shadow, Fig. 14.

D. Tab 4: Solar/Geomagnetic Activity Data

Solar and geomagnetic storms have a significant effect on
the atmospheric density, and thus on the atmospheric drag, as
shown in the last tab “Solar/Geomagnetic Activity Data”, Fig.
13. The values for solar radio flux F10.7 and geomagnetic
index Ap can be selected either in the first tab together with

all the other input parameters or in this final one. It was
included in order to help the user make an informed choice
by showing over 60 years of daily recordings, Figs. 3(a) and
4(a), and the probability distributions of the two indices, Figs.
3(b) and 4(b). Since F10.7 follows the solar cycle, this value
can be accurately selected if the epoch is known. As for Ap,
it is more unpredictable. The probability distributions indicate
lower values to be more likely for both indices. Finally, the
surface plot shows that the atmospheric drag can increase
by up to one order of magnitude if both indices are at their
highest, Fig. 5. Although unlikely, every possible scenario
can be analysed with this tool. Solar and geomagnetic activity
influences the time budget to some degree, while the decay
lifetime is affected dramatically, since it involves the lowest
altitudes where the atmospheric drag is highest.

In this tool, solar and geomagnetic activity indices are
kept constant every day during the assessed manoeuvres and
orbital decay lifetime calculation. The mean solar flux is
however commonly used averaged over 81 days, i.e. three
solar rotations. Moreover, since F10.7 follows the 11-year solar
cycle, it remains fairly constant over a short period of time.
Thus, this limitation concerns mostly the geomagnetic activity
index Ap due to its unpredictable fast-changing nature.
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VII. CONCLUSION

Space missions require quick solutions for system design.
The high level thinking of preliminary analysis involves the
concurrent control of all variables with the final goal of
examining global behaviour. In light of this, a preliminary mis-
sion analysis MATLAB application was developed. The high
accuracy of the atmospheric model chosen, NRLMSISE-00,
makes it difficult to validate the results against other software
since they generally do not ask for solar and geomagnetic
indices as input. However, when the F10.7 solar radio flux and
the geomagnetic Ap index are set to medium/low activity (i.e.
the most likely to occur), the orbital decay lifetime calculation
was found to match with the results obtained with the ESA
software DRAMA. Although limited to circular Low Earth
Orbits and constant thrust manoeuvres, it is a quick and
easy system engineering tool helpful in the earliest stages
of space missions. Thanks to the intuitive GUI, the user
can easily control the input values and, with the click of a
button, the desired output is displayed. All the main parameters
can be modified: the mass, cross-sectional area and drag
coefficient characterising the satellite, the thrust and specific
impulse for the propulsion system, the different altitudes for
the manoeuvres, the orbital parameters and, finally, the solar
and geomagnetic activity indices. The tool offers aid in orbit
analysis with basic spacecraft dynamics including atmospheric
and J2 perturbations, in orbit geometry evaluation with general
coverage characteristics and sunlight-eclipse ratios, and in
orbit manoeuvres assessment in terms of ∆v requirements,
propellant mass budget and transfer times.
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