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Abstract

This thesis covers the field of vortex-flow dominated external aerodynam-
ics. As part of the contribution to the AVT-113 task group it was possible to
prove the feasibility of high Reynolds number CFD computations to resolve
and thus better understand the peculiar dual vortex system encountered on
the VFE-2 blunt leading edge delta wing at low to moderate incidences. Initial
investigations into this phenomenon seemed to undermine the hypothesis, that
the formation of the inner vortex system depends on the laminar/turbulent
state of the boundary layer at separation onset. As a result of this research,
the initial hypothesis had to be expanded to account also for high Reynolds
number cases, where a laminar boundary layer at separation onset can be
excluded.

In addition, unsteady transonic computations are used to shed light on
a highly non-linear phenomenon encountered at high angles of incidence. At
certain conditions, the increase of the incidence by a single degree leads to a
sudden movement of the vortex breakdown location from the trailing edge to
mid-chord.

The lessons learned from the contribution to the VFE-2 facet are fur-
thermore used to prove the technology readiness level of the tools within the
second facet of AVT-113, the Cranked Arrow Wing Aerodynamics Project
International (CAWAPI). The platform for this investigation, the F-16XL
aircraft, experiences at high transonic speeds and low incidence a complex
interaction between the leading edge vortex and a strong, mid-chord shock
wave.

A synergetic effect of VFE-2 with a further project, the Environmen-
tally friendly High Speed Aircraft (HISAC), is also presented in this thesis.
Reynolds number dependence is documented in respect to leading edge vortex
formation of the wing planform for a reference HISAC configuration. Further-
more, proof is found for a similar dual vortex system as for the VFE-2 blunt
leading edge configuration.



Preface

The work presented here was carried out between September 2004 and May 2008
at the Department of Aeronautical and Vehicle Engineering at the Royal Institute
of Technology (KTH) in Stockholm, Sweden.

This doctoral thesis consists of two parts, the first part gives an overview of
the research area with a summary of the performed work that led to the appended
publications as well as some unpublished results. The second part collects the
published results in form of the following papers1.

Paper A. S. Crippa and A. Rizzi. “Numerical investigation of Reynolds number
effects on a blunt leading-edge delta wing”. Paper no. AIAA 2006-3001. Presented
at the 24th AIAA Applied Aerodynamics Conference, 5–8 June 2006, San Francisco,
USA.

Paper B. S. Crippa and A. Rizzi. “Initial steady/unsteady CFD analysis of
vortex flow over the VFE-2 delta wing”. Paper no. ICAS 2006-P2.18. Presented
at the 25th Congress of the International Council of the Aeronautical Sciences, 3–8
September 2006, Hamburg, Germany.

Paper C. S. Crippa and A. Rizzi. “Steady, subsonic CFD analysis of the VFE-2
configuration and comparison to wind tunnel data”. Paper no. AIAA 2008-0397.
Presented at the 46th AIAA Aerospace Sciences Meeting and Exhibit, 7–10 January
2008, Reno, Nevada.

Paper D. L. A. Schiavetta, O. J. Boelens, S. Crippa, R. M. Cummings, W. Fritz
and K. J. Badcock. “Shock effects on delta wing vortex breakdown”. Paper
no. AIAA 2008-0395. Presented at the 46th AIAA Aerospace Sciences Meeting
and Exhibit, 7–10 January 2008, Reno, Nevada.

Paper E. S. Crippa and A. Rizzi. “Reynolds number effects on blunt leading edge
delta wings”. Paper no. CEAS-2007-102. Presented at the first CEAS European
Air and Space Conference, September 2007, Berlin, Germany.

1The appended papers have been reformatted to comply with this thesis’ style and layout.
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Paper F. A. Rizzi, A. Jirásek, J. E. Lamar, S. Crippa, K. Badcock and O. Boe-
lens. “Lessons learned from numerical simulations of the F-16XL at flight condi-
tions”. AIAA Journal of Aircraft. First submission on the 15th of November 2007,
accepted for publication on the 16th of April 2008. In press.

Division of Work Between Authors

Paper A. Crippa performed the computations, wrote and presented the paper.
Rizzi supervised the work and contributed with valuable comments for the analysis
of the results.

Paper B. Crippa performed the computations, wrote and presented the paper.
Rizzi supervised the work and contributed with valuable comments for the analysis
of the results.

Paper C. Crippa performed the computations, wrote and presented the paper.
Rizzi supervised the work and contributed with valuable comments for the analysis
of the results.

Paper D. Crippa performed the unsteady computations referred to as “KTH”,
contributed the sections on the unsteady effects and presented the paper.

Paper E. Crippa performed the computations, wrote and presented the paper.
Rizzi supervised the work and contributed with valuable comments for the analysis
of the results.

Paper F. Crippa performed the inviscid and the singly adapted RANS compu-
tations for the flight condition FC70. Crippa contributed to the corresponding
analysis and evaluations of FC70 and helped to correct the complete article to full-
fill the reviewer’s comments.

Other articles published during the doctoral studies, but not included in this thesis:

• T. Melin, S. Crippa, M. Holl and M. Smid. “Investigating active vortex
generators as a novel high lift device”, Paper No. ICAS-2006-3.7.4. Presented
at the 25th Congress of the International Council of the Aeronautical Sciences,
Hamburg, 3–8 September 2006.

• K. Pettersson and S. Crippa. “Implementation and verification of a correla-
tion based transition prediction method”, Paper No. AIAA 2008-4401. To be
presented at the 38th AIAA Fluid Dynamics Conference, 23–26 June 2008,
Seattle (WA), USA.
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• L. Schiavetta, K. Badcock, O. Boelens, S. Crippa, R. Cummings, W. Fritz.
“Numerical solutions for the VFE-2 configuration on structured and unstruc-
tured grids for transonic flow conditions”, NATO RTO-TR-AVT-113, Chapter
29.

• S. Crippa. “Numerical solutions for the VFE-2 configuration on unstructured
grids at KTH, Sweden”, NATO RTO-TR-AVT-113, Chapter 30.

• A. Rizzi, A. Jirásek, J. E. Lamar, K. Badcock, O. Boelens and S. Crippa.
“What was learned from numerical simulations of F-16XL (CAWAPI) at flight
conditions”, NATO RTO-TR-AVT-113, Chapter 16.

Part of the work has been presented in various occasions, including the AVT-
113 task group meetings in context of the NATO RTO/AVT symposia, FOI’s
DESider Symposium on hybrid RANS-LES Methods, 14–15 July 2005; SAAB’s
Flygteknikseminarium, 18–19 October 2006; FOI’s EWA-UFAST Workshop, 05-06
June 2007 and FOI’s First Edge Workshop, 15 November 2007.
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Overview and Summary
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Chapter 1

Introduction

The physical understanding and exploitation of vortical flows around an aircraft has
challenged the applied aerodynamics community since the mids of the 19th century.
Vortical flows occur at several aerodynamic scales and can be induced by several
different phenomena. With the advent of the concept of sweeping an aircraft wing
to delay the onset of compressibility effects and thus achieve better high-speed
performance, non-linear vortex lift was soon identified as a useful application of
separation-induced vortex flows at high angles of attack. The contribution of the
non-linear vortex lift to the total lift of a slender, sharp delta wing is presented
schematically in figure 1.1.

Figure 1.1: Non-linear contribu-
tion of vortex lift to
total lift[1].

In this work the emphasis is going to be set
on high Reynolds number, separation-induced,
strong-interaction vortex flows, as opposed to
other occurrences such as embedded boundary
layer vortices or trailing wake vortices. As char-
acterized by Hoeĳmakers[2] these types of vor-
tical structures are commonly formed by shear
layer separation at the leading edge of highly
swept wings or slender wings at high angles
of attack. The roll-up of the shear layer at
from the leading edge of a highly-swept slender
wing develops into a stable vortex, which is con-
stantly fed by vorticity as it is situated inboard
of the leading edge. This roll-up into a spiral-
type motion forms a compact vortex core, which
due to the high velocity (and thus low pressure)
and its vicinity to the body surface leads to ad-
ditional lift force on the body. In the following
dissertation, “vortex” or similar terms are going
to be referred to the aforementioned flow con-

2
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dition. A simplified sketch of the basic flow features and nomenclature is given in
figure 1.2a.

As the mechanism that generates these types of vortices is traced back to the
abrupt shear layer separation from the leading edge, in the past it came natural to
simplify the geometrical models for studying the flow topology. The simplification
was achieved by reducing the leading edge bluntness to zero, leading to a sharp
leading edge as shown in figure 1.2a. This idealization has enabled in the past
the detailed description of the phenomena associated with leading edge vortices,
such as the characterization of instability sub-vortices in separated shear layers or
comprehensive studies on vortex breakdown, see e.g., Gursul[3]. Initial studies were
carried out mainly experimentally by Earnshaw[4] or Hummel[5], to name a few.

Since the early stages, steps had been undertaken to mathematically describe
the fluid dynamics of vortical flows around slender wings[6]. With the advent of
computational fluid dynamics (CFD) and the availability of affordable, powerful
computational resources, an increasing number of studies have been carried out
computationally (numerically). Either by solving simplified potential equations[7]
or the Euler equations[8] up to the Navier-Stokes equations, which ultimately model
all significant flow details in practical aeronautical applications.

The restraint to a sharp leading edge allows for the application of numerical
methods based on the Euler equations, as the vorticity generation along the leading
edge is mainly generated by the abrupt change in velocity vector at the leading
edge. The contribution to the total vorticity by the impingement of the viscous
layers from the upper and lower side at the leading edge is negligible[9].

The high pressure gradients on the surface between the leading edge vortex and
the leading edge itself, may furthermore lead to secondary separation of the bound-
ary layer underneath the primary vortex. The resultant shear layer rolls up to form
the so-called secondary vortex, whereby the leading edge vortex is subsequently
denominated primary vortex. The rotation of the secondary vortex is opposite to
that of the primary vortex. Hummel[5] has shown among others that the individ-
ual contribution of these two vortices to the total vortex lift on a slender, sharp
leading edge delta wing can vary depending on the status of the boundary layer at
separation. A laminar state leads to a weaker primary and a stronger secondary
vortex, compared to the turbulent state, see figure 1.2b. Being a viscous effect,
Euler-based computational methods are not able to capture secondary separation.

In the case of ideally sharp leading edge delta wings, leading edge separation
occurs even at small angles of attack. But for blunt leading edge delta wings, the
flow can be fully attached at low angles of attack. The simplification from a blunt
to a sharp leading edge is thus acceptable when considering high angle of attack
flows around slender wings. In this case, the fully attached flow region in the
front part of a blunt leading edge slender wing is negligible and the two geometric
configurations evidence similar flowfields. In case of a blunt leading edge, increasing
the angle of attack above a critical value, the leading edge vortex starts to develop
from the wing tip/trailing edge. The primary vortex separation then progresses
further upstream when increasing the angle of attack. Eventually at very high
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(a) Schematic view of leading-edge (primary) vortex and secondary
vortex with upper-side surface flow directions[10].

(b) Flowfield depend-
ency on boundary
layer state[5].

Figure 1.2: Flow over sharp-edged delta wing at incidence.

angles of attack, the leading edge separation reaches the apex. A classification of
the off-body flow structure as a function of Mach number and incidence is given by
Eberle et al.[11] and reproduced here in figure 1.3. Although the classification does
not account for the effects of Reynolds number, it differentiates between sharp (not
reproduced here) and round leading-edged, slender delta wings.

The fully attached region can not be neglected when high bluntnesses are re-
quired by other design considerations, e.g., due to thermal loads on re-entry ve-
hicles[12] or due to performance enhancements needed for slender-wing aircraft at
low speeds.

With a part-span leading edge separation, the Euler equations are not appro-
priate anymore to model the system well, as the viscous effects of the wall bounded
flow on the pressure side are decisive for the development of attached or separated
flow on the suction side1. This is partly the reason why blunt leading edge delta
wing aerodynamics is recognized to be more dependent of Reynolds number than
for sharp leading edge[2].

Note that Euler solutions can predict separation from blunt leading edge delta
wings. The reason for this is though not a correct physical modeling, but more a
secondary result of very high numerical dissipation near the leading edge[2]. Early
efforts to overcome these unphysical effects of Euler based methods have led to
smooth-surface separation extensions[13]. These efforts have been superseded es-
sentially by the continuous increase in computational performance, which enables
today the widespread use of Reynolds-averaged Navier-Stokes (RANS) computa-

1The terms used to refer to the upwind side of a slender wing are also windward or pressure
side; and the opposite, downwind side can also be referred to as leeward or suction side.
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Figure 1.3: Flow patterns around a blunt-edged delta wing as a function of leading-
edge normal Mach number (MN) and incidence (αN)[11].

tional methods for assessing with higher accuracy the aerodynamic properties of
aeronautical bodies. Nontheless, lower-order methods could gain momentum when
the aerodynamic assessment of a slender-wing planform has to serve a broader
design aspect, e.g., for certain aeroelastic or conceptual design studies.

When Reynolds averaging is applied to the Navier-Stokes equations, the problem
of turbulence closure is introduced. Further physical modeling is needed for solving
the under-determined RANS equations system. To account for the time-dependent
flow fluctuations that characterize the viscous effects, assumptions have to be made
regarding the unknown quantities in the equations. These unknowns appear as
correlations between the fluctuating quantities.

Today it is widely accepted that a universally valid turbulence model does not
exist. No present turbulence closure can acceptably model all turbulent flows that
are found in engineering. The development of every turbulence model is based on
problem specific assumptions and restrictions. To assess the impact of turbulence
closure on the solution of the RANS equations, it is established practice to test
various promising models on the same problem. In the following, the presented
comparisons are usually limited to a common one-equation turbulence model and
the most advanced two-equation turbulence model — and an enhancement for ro-
tating flows — available in the selected solver. Extended comparisons between all
tested models are retained for clarity.
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1.1 NATO RTO AVT-113 Task Group

The main target of the (first) international vortex flow experiment[14] was the
validation of Euler codes by designing and performing appropriate wind tunnel ex-
periments. The necessity to use emergent RANS technology for the study of real
applications of delta-type aircraft planforms was recognized in the aftermath of
this symposium. This eventually led to the institution of the second international
vortex flow experiment (VFE-2)[15], which in conjunction with the cranked arrow
wing aerodynamics project international (CAWAPI) was organized into the NATO
Research and Technology Organisation (RTO) AVT-113 task group under the Ap-
plied Vehicle Technology (AVT) panel. The main purpose of this task group is to
validate new and existing CFD codes and check their technology readiness level for
the design and validation of both manned and unmanned military aircraft, where
the application of delta wing planforms is common. The research pathway is thus
to start evaluating modern CFD methodologies on simplified geometries and then
to validate the findings on complex configurations.

1.1.1 VFE-2
A sketch of the 65◦ sweep angle delta wing proposed by Hummel and Redeker[15]
for the VFE-2 facet is given in figure 1.4a. This geometry was already used in a
massive wind tunnel campaign in the National Transonic Facility (NTF) at NASA
Langley Research Center (LaRC)[16].

(a) Three-view sketch[17]. (b) Installed NTF/LaRC wind tunnel
model[16].

Figure 1.4: VFE-2 delta wing model.

Although three blunt and one sharp leading edge sections were tested, the con-
figurations selected for the VFE-2 facet were limited to the sharp (rLE/c̄=0) and
medium radius2 (rLE/c̄=0.0015) leading edge geometries. These configurations were

2rLE: spanwise leading-edge radius; c̄: mean aerodynamic chord.
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(a) Three-view sketch; sizes are given in feet
(inches)[19].

(b) In-flight photo; NASA Dryden Flight Re-
search Center, EC96-43508-2[19].

Figure 1.5: F-16XL ship #1.

chosen for numerical and further wind tunnel evaluations. Within this work, the
medium radius leading edge geometry is also going to be referred to as blunt lead-
ing edge. In the context of this thesis, the participation in the VFE-2 facet led to
the investigation of the sub- and transonic characteristics of the sharp and blunt
leading edge geometries.

Within VFE-2, the author has performed numerical evaluations also on the other
two round leading edge configurations, but these were mainly meant for checking
the effects of bluntness at specific conditions. These results were checked against
the NTF data set but never published, as the significance was only given in relation
to the medium radius leading edge configuration.

1.1.2 CAWAPI

The validation of modern computational tools is the main task for the other facet
of the AVT-113 task group, CAWAPI. The basis for this validation is formed by the
extensive and well-documented flight test campaign of the F-16XL(-1) aircraft[18].
This single-seat fighter prototype is a derivative of the General Dynamics (now
Lockheed Martin) F-16A multirole fighter, which was built for an evaluation pro-
gram for the US Air Force (1982-1985). In the mid 90’s, one of the two prototypes
(the single-seat F-16XL-1) was used by NASA for various flight-test campaigns
within the Cranked-Arrow Wing Aerodynamics Project (CAWAP)[19]. The focus
of these campaigns was primarily to gain knowledge and document the near-surface
flow features by measuring surface pressures, boundary layer profiles, skin friction
and near-surface flow topology. An in-flight photograph of the F-16XL involved in
CAWAP is presented in figure 1.5b, which shows the paint scheme and the reference
targets used for the video recordings and the flow-visualization tufts fitted on the
left wing. A sketch of the F-16XL-1 is shown in figure 1.5a.
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From the vast field of flight conditions (FCs) initially selected for code validation
issues, the author contributed to one of the critical FCs at low incidence and high
transonic speed. For the presentation of the results in the appended paper F, as
well as for the following sections, please refer to figure 1.6 for an overview of some
of the available fuselage stations (FS) and buttlines (BL).

Figure 1.6: CAWAPI half-body model with positions of FS (x=const.) and BL
(y=const.) in inches; data available at marked (◦) positions.

1.2 HISAC

The knowledge gained within AVT-113 was useful in the aerodynamic assessment of
the Environmentally Friendly High Speed Aircraft (HISAC) aircraft configurations.
HISAC is an Integrated Project (IP) supported by the European Commission un-
der the 6th Framework Programme. It is aimed at establishing the environmental
impact as well as the economical and social feasibility of a small size supersonic
transport aircraft (S4TA). The project is coordinated by Dassault Aviation and
involves 37 partners.

The lessons learned from both AVT-113 facets were relevant to the evaluation
of the HISAC configurations, both for the higher incidences at subsonic speeds
and for the high transonic cruise condition. At the start of the first design cycle,
lower order CFD results were used to identify the preliminary configurations. The
contributed detailed aerodynamic assessment of these configurations is then used to
check the preliminary data and subsequently for initiating a second, more detailed
design cycle.

The four-year project is scheduled to finish in mid 2009 and meet three main
objectives[20].

• Design a S4TA by taking into consideration present and possible future reg-
ulations with an entry into service in 2015.
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Table 1.1: General requirements.

Certification JAR/FAR 25 + special supersonic conditions
Community noise ICAO Stage IV
Cruise speed Mach 1.6
Range 4000 nm
Approach speed 140 kt
Sonic boom signature <50Pa differential pressure (over water)
Cabin size/payload 8 passengers + 2 crew

• Provide recommendations to policy makers for the establishment of future
environmental and operational regulations for a S4TA.

• Validate design methodologies and provide progress on critical elementary
research and technologies.

The basic set of technical requirements given in table 1.1, are to be met by a
reference configuration and three other specific configurations. The three further
configurations are selected to achieve three additional, specific objectives. The three
specific configurations and the respective additional requirements are listed below.

• Low noise configuration: ICAO Stage IV -8dB.

• Long range configuration: Range: 5000 nm.

• Low boom configuration. Sonic boom: <15Pa differential pressure (tentative
target for over-land cruise).

The two configurations that were evaluated within the doctoral studies are the
reference and the low boom configuration. The reference configuration was tested in
several wind tunnel campaigns with three different nacelle designs to support CFD
code assessment. Numerical computations were performed at wind tunnel and full-
scale Reynolds numbers. The numerical evaluation of the low boom configuration
was only performed at full-scale conditions.

Four shapes were tested for the reference configuration, three nacelle positions
and a glider shape without nacelles. The evaluations performed within these studies
are limited to the glider and the configuration with high by-pass ratio nacelles
shapes. The numerical model (without canard surfaces) of the configuration with
high by-pass ratio nacelles is shown in figure 1.7.

The planform of the reference configuration resembles that of the F-16XL, but
features a higher sweep angle inboard of the wing kink, as well as a bigger wing
section outboard of the wing kink. The blunt leading edge of the wing has a variable
radius, decreasing linearly from the wing apex to the tip. At the wing-fuselage
intersection, the radius is comparable to the bluntness of the medium radius VFE-
2 model, at the wing kink the bluntness is comparable to the small radius, whereas
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(a) Front and side view. (b) Isometric view of wind tunnel geometry.

Figure 1.7: HISAC reference configuration; high by-pass ratio nacelles, without
canards[21].

at the tip the radius is an order of magnitude smaller than the medium radius
VFE-2 model.

The most distinctive feature of the low boom configuration is an extreme dihe-
dral of the double-delta wing, but the fuselage is similar to the reference configu-
ration, see figure 1.8.

Figure 1.8: HISAC low boom configuration[20].

The reference and low boom configurations are property of some HISAC part-
ners. This, in conjunction with still ongoing activities, does not allow for further
publication of performed analyses. The initial investigation of the reference wing
and the comparison to AVT-113 data is given in paper E, and no further data is
presented in this thesis.



Chapter 2

Computational Methods

As briefly described above, methods based on the Euler equations are not ad-
equate for capturing consistently flow separation on blunt leading edge slender
wings. Navier-Stokes methods remain practical for the present applications, while
large eddy simulation (LES) and direct numerical simulation (DNS) are not feasible
at the high Reynolds numbers involved in practice. The use of hybrid RANS/LES
methods[22] or high-fidelity turbulence models for the RANS equations is on the
other hand possible for modern aircraft configurations.

The CFD solver used throughout this work is Edge[23]. This unstructured,
edge-based, finite volume solver is developed by the Swedish Defense Research
Agency (FOI), with contributions from various academic research groups. The
main purpose of this section is not to give a deep insight into the numerics of
the solver, modern turbulence models or hybrid RANS/LES methods, but to give
a motivation for the use of certain physical models and to explain why other,
theoretically superior models, have not been consistently employed.

2.1 Explicit Algebraic Reynolds Stress Model

The Wallin and Johansson explicit algebraic Reynolds stress model (EARSM)[24]
coupled to the Hellsten k-ω[25] turbulence model has been extensively used for the
presented research. The reasoning behind the EARSM formulation, is that exist-
ing two-equation models (and their implementation in computational codes) can be
easily expanded by replacing the linear Boussinesq hypothesis with a self-consistent,
algebraic approximation of the (anisotropic) Reynolds stress tensor. This approxi-
mation misses the time and space varying turbulence anisotropy relations included
in a full differential Reynolds stress model, but it retains a locally correct descrip-
tion. Even though the approximation included in the EARSM model is derived for
the weak-equilibrium limit, i.e., where the turbulence anisotropy is assumed to be
invariant in space and time, good agreement is achieved also for non-equilibrium
flows.

11
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Curvature corrections (CC) can be furthermore introduced to improve the per-
formance of EARSM, e.g., for fully developed swirling flows. The CC extensions
implemented in the solver are based on the rate of change of the strain-rate tensor
following the mean flow. The CC-EARSM method has shown substantial benefits
compared to the basic EARSM formulation in idealized conditions, but numerical
problems lead to deterioration of the convergence rates in practical applications[26].
This trend has been confirmed in the early stages of this work.

2.2 Detached-Eddy Simulation

Detached-eddy simulation (DES) by Spalart et al. [27] is probably the most widely
used hybrid RANS/LES method today. Traditionally RANS models have been
designed and calibrated using mean flowfield parameters of turbulent boundary
layer flows. In these conditions, the turbulence model has to be fitted for a high
number of relatively small eddies, thus a mean value is justified. When a massive
separation occurs, these turbulence model have difficulties to capture the relatively
few and ordered large scale turbulent structures. The modeling of these large scale,
three-dimensional, unsteady structures is then more accurate with LES, given an
appropriate numerical grid.

The switch from the RANS model — in DES, the one-equation Spalart-Allma-
ras[28] model — to a modified Smagorinski LES model, occurs where the distance
from the nearest wall is higher than a specific threshold value. This approach
enables to combine the advantages of both models for high Reynolds number, un-
steady, separated flows. RANS models are better suited for wall-bounded high-
Reynolds number flows, with a requirement of relatively coarse wall-parallel dis-
cretization. LES models have an advantage for modeling large-scale separated flow
regions, where the time-averaging of the RANS models is detrimental to the solution
accuracy.

Care has to be taken when discretizing the flowfield for DES computations, as
the switch from RANS to LES is dictated by a calibrated wall normal distance
and the local grid size. An advantage of this hybrid modeling approach is that an
eventual refinement of the numerical grid in the LES region leads to the resolution
of finer turbulent structures and thus improves the fidelity of the solution. This
is quite different compared to grid refinement for a steady or unsteady RANS
computation, where the role of the turbulence model is still important down to
the fine-grid limit, whereas the ultimate fine-grid limit of LES is a solution free of
turbulence modeling errors, i.e., DNS.

2.3 Previous Best Practices

Within the AVT-113 group, Görtz and Jirásek[26] performed numerical computa-
tions on the CAWAPI configuration with the same solver as used in this research. A
result from the work by Görtz and Jirásek, was the postulation of “best practices”
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for achieving good convergence behaviors on their specific computational grid. The
main parameters impacting convergence stability were found to be the multigrid
settings as well as the numerical parameters coupled to the specific discretization
scheme (second-order central or upwind) of the steady flow problem. All settings
are not reproduced here, but the main influence on convergence stability for the
second-order central scheme was achieved by decreasing the Courant-Friedrichs-
Lewy number for the coarse grids of the multigrid sweeps (from 0.8 to 0.5) and by
increasing the implicit residual smoothing and the smoothing corrections parame-
ters (resp. from 1.3 to 2.0 and from 1.5 to 3.0).



Chapter 3

Summary of Appended Papers

Paper A – Numerical Investigation of Reynolds Number
Effects on a Blunt Leading-Edge Delta Wing

CFD computations have been performed for three Reynolds numbers (2, 6 and 60
million) at three angles of attack (13.3◦, 18.5◦ and 23.0◦) for a fixed Mach number of
0.4, to allow a deeper and more precise characterization of the unique double-vortex
system, which develops on the VFE-2 blunt leading edge delta wing. Leading edge
primary separation onset is shown to match best the available wind tunnel data at
the highest investigated Reynolds number of 60 million and at an angle of attack
of 23.0◦. At this condition, the coupling between outer primary vortex attachment
line with the inner primary vortex separation line is clearly recognizable. Only if
the inner primary vortex strength is predicted well, the attached flow passing under
the inner primary vortex core is accelerated sufficiently to trigger (inner) secondary
separation. A strong coupling is found between primary outer separation onset and
primary inner separation onset. This coupling is independent of local bluntness
and angle of attack, but it is shown to depend on Reynolds number for the fixed
relative bluntness examined here.

Paper B – Initial Steady/Unsteady CFD Analysis of Vortex
Flow over the VFE-2 Delta Wing

The study presented in this paper is aimed at assessing the application of the latest
time accurate CFD method, DES, to simulate the flow-field around blunt leading
edge delta wings. For this purpose, the VFE-2 delta wing model was used to
perform numerical investigations at a Reynolds number of 6 million, Mach number
of 0.4 and angles of attack of 18.5◦ and 23◦. As the nature of this study is mainly
exploratory, various numerical grids have been used to assess the dependency of
grid resolution. The results confirm the maturity of RANS methods but also the
problems of DES to predict free separation and this model’s grid sensitivity.

14
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Paper C – Steady, Subsonic CFD Analysis of the VFE-2
Configuration and Comparison to Wind Tunnel Data

A steady CFD study is performed over a wide range of Reynolds numbers at low
incidence and subsonic speeds on the VFE-2 blunt leading-edge delta wing. The
numerical results are presented and compared to experimental data and are further
used to understand the formation of a weak, thin vortical structure that develops
upstream of primary leading-edge separation onset. Comparisons between com-
putational results and experiments are presented with regard to surface pressure
coefficient and surface flow patterns for the suction side of the delta wing. Inviscid
computations displaying a similar vortical pattern as the viscous results raise the
doubt that time-accurate computations might be necessary to correctly predict the
formation of the weak apex vortex.

Paper D – Shock Effects on Delta Wing Vortex Breakdown

It has been observed that delta wings placed in a transonic freestream can experi-
ence a sudden movement of the vortex breakdown location as the angle of incidence
is increased. This paper uses CFD to examine this behavior in detail on the VFE-2
sharp leading-edge delta wing, leading to the conclusion that a shock-vortex interac-
tion is responsible for this behavior. The balance of the computed vortex strength
and the shock strength is examined to provide an explanation of the sensitivity
of the breakdown location. Limited experimental data is available to supplement
the CFD results in certain key respects, and the ideal synergy between CFD and
experiments for this problem is considered.

Paper E – Reynolds Number Effects on Blunt Leading Edge
Delta Wings

Reynolds number effects are documented in the CFD evaluations of the blunt
leading-edge VFE-2, 65° sweep delta wing and a reference 75°/45° double-delta
wing as employed in one of the HISAC configurations. The blunt leading edge of
the examined configurations results in the delay of primary separation onset with
increasing Reynolds number. The occurrence of a boundary layer disturbance prior
to primary leading edge separation is also detected. The disturbance has been
found to possibly develop into a second vortex, co-rotating with the main leading
edge primary vortex. This is the case only for the 65° delta wing, but not for the
double-delta wing, which is thus not affected by a second, inner vortical structure.
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Paper F – Lessons Learned from Numerical Simulations of
the F-16XL at Flight Conditions

This article summarizes the contribution of nine groups to the CAWAPI project
of a full-scale, semi-span model of the F-16XL aircraft. Three different categories
of flight Reynolds/Mach number combinations are compared with flight-test mea-
surements for the purpose of code validation and improved understanding of the
flight physics. Steady-state simulations are done with several turbulence models
of different complexity with no topology information required and which overcome
Boussinesq-assumption problems in vortical flows. Detached-eddy simulation and
its successor delayed detached-eddy simulations (DDES) have been used to compute
the time accurate flow development. Common structured and unstructured grids
as well as individually-adapted unstructured grids are used. Although discrepan-
cies are observed in the comparisons to flight data, overall reasonable agreement
is demonstrated for surface pressure distribution, local skin friction and boundary
layer velocity profiles at subsonic speeds. The physical modeling, steady or un-
steady, and the grid resolution both contribute to the discrepancies observed in the
comparisons with flight data, but at this time it cannot be determined how much
each part contributes to the whole. Overall it can be said that the technology
readiness of CFD-simulation technology for the study of vehicle performance has
matured since the original campaign in 2001 such that it can be used today with
a reasonable level of confidence for complex configurations. A major deficiency
observed for a transonic condition, is the unanimous agreement of several “state-
of-the-art” RANS computations, which all deviate from flight-test data. This is
attributed to a localized shock-vortex interaction, which is only resolved accurately
by performing inviscid computations on highly-refined numerical grids.



Chapter 4

Results and Discussion

The following chapter contains additional results and analyses that are not included
in the appended papers. This data can be used as a further help to understand and
justify the overall conclusions.

4.1 VFE-2

The additional results presented hereafter apply mainly to papers A-D. The initial
evaluations and the lessons learned from these in terms of grid generation, solver
sensitiveness and solution strategies were also relevant for the results gained for
papers E and F. The solver and gridding techniques are common for all appended
publications.

4.1.1 Initial Subsonic Evaluations - Grids and Turbulence
Models

The subsonic results presented hereafter are limited to Mach 0.4, but comprise
several incidences and Reynolds1 numbers (Re).

Initially, a common grid for the sharp leading edge geometry with as few as 7
prismatic layers was made available to the task group members by the U. S. Air
Force Academy (USAFA) after conversion from a fully-tetrahedral NASA grid. This
numerical grid was adequate for a free-stream Reynolds number of 6 million. On
this grid, the “best practices” as described in section 2.3 did indeed have a positive
influence on the solution convergence. When setting less conservative parameters,
convergence was rarely attained. Thus, a full comparison of various turbulence
models on the first grid was not always possible. For certain cases only a small set
of more robust turbulence models converged towards steady state, whereas with
other turbulence models the computations diverged.

1Re: for VFE-2 data, the Reynolds number is based on the mean aerodynamic chord of the
delta wing.

17
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It was recognized that the discretization of the viscous boundary layer with
locally only 7 prismatic layers was the main cause for the instabilities and thus
a new common mesh was made available by USAFA, which features 19 prismatic
layers. The wall-normal grid spacing and expansion ratio are identical, as the same
full-tetrahedral NASA grid is used as starting point for near-wall tetrahedral cell
collapse into prismatic cells. With this improved numerical grid, it was possible to
perform more sound comparisons. Not only between the curvature corrected and
the standard EARSM-Hellsten k-ω turbulence models, but also between the best
practices settings and less conservative settings.

For further computations, various sets of numerical grids were generated for all
three round leading edge and the sharp configurations. For additional details on
these grids please refer to papers A-D. The additional results presented hereafter
are divided into subsonic and transonic free-stream conditions.

Numerical Parameters

A comparison was performed of the convergence properties for solutions obtained
with either of the two initial computational grids in respect to numerical parame-
ters. It revealed robust convergence when adopting the best practices recommen-
dations on the grid with 7 prismatic layers, but these settings were found to be
too conservative for the 19 prismatic layer grid. This is because the first grid has
an under-resolved boundary layer. A typical convergence behavior2 on a grid with
a well resolved boundary layer (in this case 32 prismatic layers) is presented in
figure 4.1.

For this comparison, the only difference was the adoption of the settings de-
scribed in the best practices[26] for the second-order central scheme. It is clear
from this comparison, that the recommendations given by Görtz and Jirásek were
not optimal for this kind of numerical grid for achieving the same level of solution
accuracy. It has to be stressed here again, that this comparison was not even possi-
ble with the first USAFA grid. As mentioned before, following the guidelines given
by Görtz and Jirásek was mandatory to achieve convergence on the 7-prismatic
layers grid.

As the necessity arose to generate own numerical grids, when common grids were
not available, these findings were taken into consideration. The resulting numerical
grids feature an accurately resolved near-wall region. Thus the application of the
best practices by Görtz and Jirásek was not needed for the computations on these
grids.

The best practices by Görtz and Jirásek were formulated in wake of the expe-
rience on the common CAWAPI grid. The grid generation procedure for this grid
was similar to the USAFA VFE-2 grid, thus the findings and recommendations can
be transferred. The re-generation of several CAWAPI grids needed for the work

2“Residuals” in figure 4.1 and figure 4.2 refer to the root mean square of the residual of the
mass (rho), momentum (U, V, W) and total energy (E) conservation equations for the complete
discretized volume.
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(a) “Best practices” numerical set-
tings

(b) Improved numerical settings

Figure 4.1: Convergence history on the same 32 prismatic layers grid; EARSM
coupled to Hellsten k-ω; blunt LE, M=0.4, α=18.5◦, Re=6·106.

presented in paper F, with improved near-wall discretization, confirmed the advan-
tage of using the best practices on the common grid. For the re-generation of the
CAWAPI grids, established best practice guidelines[29] were followed.

Turbulence Model Comparison on Initial Grids

The convergence behavior for the two turbulence models on the 7 and 19 prismatic
layer grids are presented in figure 4.2.

Comparing figures 4.2a and 4.2b, reveals no significant difference between the
two turbulence models. Overall, the convergence is similar, although diverging, os-
cillatory residuals are noticed for the CC-EARSMmodel on the second full multigrid
level.

On the 19 prismatic layers grid, the difference between the two models are
substantial. EARSM shows a satisfactory convergence behavior where CC-EARSM
shows heavy convergence disturbances, especially on the coarser full multigrid levels.
When considering the axial vortex core velocity, it is clear that the CC-EARSM
model has a positive effect on the vortex core strength, shown in figure 4.3. The
higher vortex core velocity predicted with CC-EARSM does not translate into a
delayed vortex breakdown position3. This seemingly paradoxal behavior could not
be fully explained. Experimental field measurements were not available for this
case, but based on preliminary analysis of surface pressure data, vortex breakdown
should not occur upstream of 80% of the root chord. CC-EARSM on the other

3A number of methods are available to analyze vortex breakdown, that involve for example
the ratios of swirl and axial momentum/velocity. Later in this thesis, some analysis with respect
to Rossby number will be presented.
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(a) CC-EARSM, 7 prisms (b) EARSM, 7 prisms

(c) CC-EARSM, 19 prisms (d) EARSM, 19 prisms

Figure 4.2: CC-EARSM vs. EARSM coupled to Hellsten k-ω; sharp LE, M=0.4,
α=18.5◦, Re=6·106.

Figure 4.3: Comparison of normalized axial vortex core velocity; CC-EARSM vs.
EARSM coupled to Hellsten k-ω; sharp LE, M=0.4, α=23◦, Re=6·106.
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hand showed an up-stream shift of vortex breakdown compared to EARSM (by
approx. 5%), presenting an adverse trend. The different development of the vortex
core led to CC-EARSM predicting substantially the same integrated normal force
coefficient as EARSM. A stronger suction under the fully developed vortex core
was counteracted by a premature vortex breakdown. Both models under-predicted
the normal force coefficient for this case by approx. 15%.

Overall, the theoretical superiority of the CC-EARSM model was not matched
with sufficient numerical robustness and improved physical trends. Thus for further
computations presented hereafter, EARSM-Hellsten k-ω was selected as the main
turbulence model.

Several more turbulence model comparisons were performed at different free-
stream conditions (at M=0.07–0.85 and Re=1·106–60·106); for both the sharp
and blunt leading edge configurations. All these comparisons are too extensive
to present here and resulted basically in the same conclusion as above.

4.1.2 Transonic Evaluations

The results presented hereafter are an extension to the data presented in paper
D. Some of these results and discussions were not published, but presented and
discussed with the co-authors of paper D and all other task group members. The
following results were decisive in the discussions to characterize the flowfield around
the nominal condition of α=23.0°, M=0.85, Re=6·106 for the sharp leading edge
configuration.

Background Information

Several experimental investigations, e.g., by Elsenaar and Hoeĳmakers[30], have
determined that slender delta wings at transonic freestream conditions can experi-
ence a substantial motion of the vortex breakdown location as a result of a minimal
variation of the incidence. The abrupt topological flow rearrangement is due to a
non-linear shock-vortex interaction. The disruption of the balance between the im-
pinging primary vortex on the main mid-chord shock wave is triggered by as little
as one degree increase in incidence. The computational analysis and understanding
of this phenomenon has been a major task within AVT-113/VFE-2, involving the
combined efforts of several task group members[31]. The following sections will
address as much as possible the contribution by the author to this topic, but some
duplication of data is unavoidable for the sake of clarity. For further clarifications
refer to paper D in this thesis, which offers the full discussion of the sudden motion
of the vortex breakdown location. Possible factors of influence on the discrepancy
between computations and experiments are presented hereafter.

At transonic conditions, the occurrence of shock waves on delta wings at mod-
erate to high angles of attack leads inevitably to shock-vortex interactions. For
the majority of conditions, the shock waves are weak enough, or are located appro-
priately, to have little influence on the vortex development. In these conditions a
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“classical” vortex breakdown is found at the trailing edge of the delta wing. This
situation is found in the common VFE-2 cases of the sharp and blunt configuration
at α=18.5°, M=0.85, Re=6·106. Good correlation between computational and ex-
perimental results is not only found for this condition, but also for higher angles of
attack, up to a certain critical value.

The results presented in this section comprise both RANS and DES computa-
tions. For the dual-time stepping computations with DES, 10760 time steps were
performed with 100 explicit sub-iterations. The outer time step is set to 1.64·10−5s,
which corresponds to the non-dimensional value of 0.0048. Time-averaged DES
results presented here are the results of averaging between the outer time steps
9550 and 10465. The basic condition for the assessment of the transonic effects
is α=23.0°, M=0.85, Re=6·106 for the sharp leading edge configuration. At this
condition, the experimental data set implies that vortex breakdown is occurring in
the vicinity of the trailing edge, but several CFD investigations consistently pre-
dict vortex breakdown to occur at a chordwise position of approx. x/cr=0.67. The
vortex breakdown is induced by one or two strong shock waves placed in front of
the sting/wing intersection (which is at x/cr≈0.635).

Numerical Grids

The numerical grid used for the presented data is specifically adapted to the main
reference conditions. This is achieved by computing a RANS solution on an initial
grid, and then by re-generating a new mesh using TRITET[32], the FOI-internal
hybrid grid generator, and the RANS solution. This approach differs from the oth-
erwise employed h-adaptation approach[33], as it is possible to achieve an improved,
case-specific discretization, without increasing the cell count. In the adaptation ap-
proach, it is only possible to add cells to the domain. With the re-meshing approach,
the original mesh is used as a back-bone to generate a new, partly skewed and re-
fined mesh. One disadvantage of the chosen approach is that it was not possible to
re-mesh the surface grid, as it was not generated with TRITET. Thus the surface
discretization is not changed. The initial grid is not presented here, but only the
re-meshed volume grid for the main case α=23.0°, M=0.85, Re=6·106 in figure 4.4.

Additionally to the sharp leading edge grids described above, two sting-free
grids were produced for the sharp and blunt leading edge geometries. The walls of
the sting-free grids are discretized exactly as the sting-fitted grids to ease a relative
comparison. For a sideslip incidence analysis, the re-meshed grid is mirrored at the
symmetry plane. The grid sizes are summarized in table 4.1 and table 4.2.

Comparison of Numerical Grids

The relative solution accuracy between the initial grid and the re-meshed grid for
the sharp configuration is compared hereafter. A field cut-plane through the vortex
core reveals in figure 4.5 the improved resolution of flow details given by the re-
meshed grid. Furthermore, the vortex core axial velocity and pressure ratio are
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(a) Global side view. (b) Side view; x/cr≈-0.2–1.2 .

Figure 4.4: Re-meshed grid for case α=23.0°, M=0.85, Re=6·106; mid-span cut
through volume (y/b=0.5).

Table 4.1: Computational grid size for the transonic, sharp leading edge cases,
increase in comparison to the initial grid given in brackets; k=̂103,
M=̂106 (pyramidal elements are included in total volume nodes counts).

Grid/Case Total wall surface
tri. elements

Prismatic vol-
ume cells

Tetrahedral
volume cells

Total volume
nodes

Initial, with sting 106 k 3.58 M 5.03 M 2.67 M
Remeshed 106 k (-) 3.58 M (-) 7.19 M (43%) 3.02 M (13%)
Initial, no sting 101 k 4.05 M 3.55 M 2.67 M
Twice adapted 415 k (311%) 16.56 M (309%) 22.88 M (545%) 12.29 M (360%)

presented in figure 4.6. This figure presents two solutions generated with the re-
meshed grid, RANS and DES, where the DES data refers to a single, transient
time step. Both solutions on the re-meshed grid capture a distinct double-peak,
which corresponds to the interaction zone of the shock(s) with the vortex core
(also seen in top image of figure 4.5). The downstream-shifted interaction zone, as
shown for the “DES” curve, is resolved accurately. This is an important point, as
the re-meshed grid was used also for the unsteady DES analysis, which exhibits a
chordwise movement of the shock/vortex interaction region.

Sting Installation and Bluntness Effects

It has been suggested within the AVT-113 task group and, e.g., by Schiavetta et
al.[34] that the shock upstream of the sting is caused by the installation of the sting
onto the upper surface of the delta wing. This is in line with common knowledge,
but the following results reveal that the sting/wing intersection is not necessarily
the only reason for the occurrence of a mid-chord shock wave.
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Table 4.2: Computational grid size for the transonic, blunt leading edge cases,
increase in comparison to the initial grid given in brackets; k=̂103,
M=̂106 (pyramidal elements are included in total volume nodes counts).

Grid/Case Total wall surface
tri. elements

Prismatic vol-
ume cells

Tetrahedral vol-
ume cells

Total volume
nodes

Initial, with sting 169 k 5.25 M 2.36 M 3.09 M
Once adapted 191 k (13%) 6.13 M (17%) 3.46 M (47%) 3.73 M (21%)
Initial, no sting 137 k 4.39 M 2.37 M 2.64 M
Twice adapted 148 k (8%) 4.74 M (8%) 4.50 M (90%) 3.18 M (20%)

Figure 4.5: Constrained volume cut of the RANS solution for case α=23.0°,
M=0.85, Re=6·106; upper sub-frame: re-meshed grid, lower sub-frame:
initial grid.
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(b) Normalized vortex core axial velocity.

Figure 4.6: Comparison between re-meshed grid and initial grid for case α=23.0°,
M=0.85, Re=6·106.
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(a) Sharp leading edge; left sub-frame: with-
out sting, right sub-frame: with sting.

(b) Blunt leading edge; left sub-frame: with-
out sting, right sub-frame: with sting.

Figure 4.7: Comparison between sting-free and sting-fitted solution for the sharp
and blunt geometries; RANS solutions for case α=23.0°, M=0.85,
Re=6·106.

The RANS solutions for four different configurations at exactly the same con-
ditions are presented here; sharp and blunt leading edge configuration, each with a
sting-fitted and sting-free variant. The upper surface pressure coefficient plots are
presented in figure 4.7.

Clearly in the case of the sharp leading edge geometry (figure 4.7a), the removal
of the sting results only in a small difference in the location of the shock wave. The
effect on the primary and secondary vortices is very similar. The location of the
shock is being established by upstream flow. On the other hand, the removal of
the sting on the blunt leading edge configuration (figure 4.7b) reveals a completely
different picture. A weaker shock wave is still present, but located approx. at
x/cr=0.72, i.e., 20% of the root chord further downstream than in presence of the
sting. Since the shock wave is not only located further downstream, but it is also
relatively weak, the vortex core can remain coherent up to approx. x/cr=0.72. The
conjectured cross-flow shock wave, outboard of the suction peak of the vortex core
after x/cr=0.72 seems to join the trailing edge shock wave. Thus with respect
to the blunt leading edge configuration, the sting has a strong effect. The blunt
leading edge configuration is expected to develop a weaker vortex than the sharp
configuration, so for the sting-free configurations, the shock wave is expected to be
further aft for the blunt configuration due to reduced flow entrainment. The sting
masks this effect.

To better study the difference between the four cases it is possible to extract
from the CFD solution the Rossby number (Ro) by using a section-wise integration
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(a) Sharp leading edge.
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(b) Blunt leading edge.

Figure 4.8: Rossby number comparison between sting-free and sting-fitted solution
for the sharp and blunt geometries; RANS solutions for case α=23.0°,
M=0.85, Re=6·106.

method by Robinson et al.[35]. The Rossby number can be used as a metric to
determine the vortex intensity or strength. The Rossby number is computed as
the ratio of the axial and circumferential momentum of a vortex. For further
details on how to determine the Rossby number, refer to Robinson et al.[35]. A
reduction in the Rossby number is equivalent to a weakening of the vortex core.
Within a certain range the vortex becomes susceptible to further disturbances;
this range is experimentally found by Robinson et al. to lie between 0.9 and 1.4.
A Rossby number below zero corresponds to full flow reversal, but unrecoverable
vortex breakdown happens below Ro=0.9. The Rossby number between the apex
and trailing edge of the four cases is presented in figure 4.8.

In case of the sharp leading edge geometry (figure 4.8a), two local maxima are
found around mid-chord. The location of the two peaks is virtually unchanged
by the presence of the sting. The first peak corresponds to the first vortex core
disturbance by the vortex-impinging shock wave, whereas the second peak corre-
sponds to the start of full vortex breakdown. The Rossby number ahead of the
first disturbance is similar, and thus found to be independent of the presence of the
sting.

When considering also the Rossby plot of the blunt leading edge geometries
(figure 4.8b), some similarities to the sharp cases appear, but also some striking
differences. Two subsequent peaks of Rossby number are found for both blunt
leading edge configurations as for both sharp leading edge configurations. In case
of the sting-free, blunt leading edge configuration, the Rossby number upstream
of vortex breakdown is markedly higher for the sting-free configuration. The more
stable vortex for the blunt, sting-free configuration is able to withstand an abrupt
disturbance at x/cr=0.72, and only at x/cr=0.8 the Rossby number slowly decrease
to result in full flow reversal at x/cr=0.93. This smooth pattern in the Rossby
number plot is only found for the blunt, sting-free configuration at these conditions,
but it is very similar to the case α=18.5°, M=0.85, Re=6·106 as shown in paper D.
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By making a cross-figure comparison between figure 4.8a and figure 4.8b for
the sting-fitted sharp and blunt configurations, it is possible to identify a similar
location of the first disturbance, i.e., the location of the shock wave is similar.
This is due to the sting effectively “fixing” the location of the shock wave, and
not the different amount of entrained flow. The Rossby number upstream of the
shock wave is in the same range, thus the similarly strong shock wave reduces the
strength of the vortex core by a similar amount. The lower peak of these two
configurations is indeed at Ro=1.22 for the sharp leading edge case and Ro=1.24
for the blunt leading edge case. The Rossby number analysis is consistent with the
surface pressure analysis.

It has to be noted that Robinson et al. derived the range of values for vortex core
stability by using experimental data for subsonic conditions. Thus the breakdown
mechanism follows the classical procedure and the Rossby number plots show a
distinct, but gradual decrease at vortex breakdown. The presence of two local
maxima in the Rossby plots is not documented by Robinson et al. and is believed
to be a unique feature of a shock-induced vortex breakdown.

Effects of Sideslip

A possible problem in an experimental campaign is that of a minimal sideslip angle
due to unavoidable tolerances in the model support system. This was given as a
possible explanation for the asymmetric PSP data measured by Konrath et al.[36].
Numerically it is thus interesting to check for sideslip angle dependency and assess
any possible effect on the flowfield.
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(a) Cp on the delta wing and sting at the intersection
with the symmetry plane; "DES" refers to the time-
averaged solution.

(b) Cp on suction side of delta wing;
RANS solution of full-body ge-
ometry at β=1°.

Figure 4.9: Effect of sideslip angle on solution; CFD solutions for sharp leading
edge case α=23.0°, M=0.85, Re=6·106 at various sideslip angles (β).
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The pressure coefficient on the symmetry plane is presented in figure 4.9a for
two symmetric (β=0°) computations with different physical models, RANS and
DES. It is interesting to note that the RANS solution for the symmetric condition
agrees perfectly with the time-averaged DES solution in terms of shock location,
but not in strength.

Three additional results are presented for RANS computations of a full-body
configuration at three different sideslip angles, β=0.1°, 0.5°, 1°. The shock wave
ahead of the sting/wing intersection is found to be non-linearly dependent on the
sideslip angle. An increase of the sideslip angle by 0.1° results in an upstream
movement of the shock wave by x/cr≈8%. An additional increase to β=1° moves
the location of the (first) shock wave upstream by only x/cr≈2%. At this sideslip
angle, a second shock wave is present just ahead of the sting/wing intersection
(cp,crit=-0.302). The upper surface pressure coefficient shown in figure 4.9b reveals
the location and attitude of the two shock waves. With the clear presence of a
sting-induced shock wave at x/cr≈0.6, the further upstream located shock wave is
conjectured not to be caused by the sting, but by a strong flow acceleration in the
central part of the wing which is due to the starboard leading edge primary vortex.
At a sideslip angle of 0°, these two shock-inducing phenomena merge to induce only
one shock wave located in between.

The computations by Schiavetta (Glasgow) presented in paper D reveal for the
symmetric configuration at the same free-stream condition the presence of two shock
waves upstream of the sting/wing intersection. In light of this sideslip analysis it is
here suggested that this might be due to the specific turbulence model used for the
Glasgow analysis, i.e., the Wilcox k-ω with Pω enhancer model. The modification
to the Wilcox k-ω model is specifically targeted to decrease the dissipative nature
of the original Wilcox k-ω model. This leads to stronger vortices. If the conjecture
described above is correct, then an increase in vortex strength would lead to an
increase in mass flow in the central wing section. Thus causing, as in the case of a
sideslip angle of 1°, a split-up of the single shock wave presented here at β=0° into
two separate.

4.2 CAWAPI

The results presented hereafter are relevant for FC70, for which the free-stream
conditions are M=0.97, α=4.3°, Re=88.8·106 (based on the F-16XL reference wing
chord). As for section 4.1.1, the following results are more complementary rather
than continuative.

4.2.1 Flight Data Consistency
As discussed in paper F, all contributed viscous computations from several CAWAPI
members show major discrepancies compared to the experimental data set for FC70.
This raised the question if the flight-test data might have possibly been corrupted
at FC70. Thus an evaluation of other two FCs was performed to establish how
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Figure 4.10: Spanwise comparison of flight-test data at FC68, FC69 and FC70.

trustworthy the flight-test data is at FC70. The two nearest FCs are FC68 and
FC69, which feature the same Reynolds number and a similar incidence (within
0.1° nominal incidence), but an increasing Mach number from M=0.90 to M=0.95.
Computations at these conditions revealed an increasing discrepancy to flight-test
data when increasing the Mach number (FC68→FC69→FC70).

The spanwise comparison of the flight-test data presented in figure 4.10 indicates
that some of the suspicious data points at FC70 are also found at FC69. This is the
case for the data point at 2y/blocal≈0.72 for FS282.5 and 2y/blocal≈0.8 for FS3754.
This excludes the possibility that these specific pressure ports quit functioning or
were somehow damaged between FC69 and FC70. Both FCs were recorded on flight
152[19]. FC68 was recorded on flight 146 and does not show any striking similarities
to FC69 for the specific ports. This still leaves the possibility of malfunctioning
pressure ports on the complete flight 152, but for other FCs recorded on flight 152
(mainly supersonic) the match between CFD and flight-test data was satisfactory.
Furthermore, CFD computations at FC68 revealed a mainly subcritical flowfield,
in contrast to FC69, where initial signs of supercritical conditions were found.

The peaks in the spanwise pressure coefficient plots that differ between FC70
and FC69 are located at 2y/blocal≈0.68 for FS300, 2y/blocal≈0.68 for FS337.5 and
2y/blocal≈0.62 for FS375. The reason for this can be comprehended when analyzing
the chordwise distributions presented in figure 4.11.

4blocal is the spanwidth at the specific (local) FS.
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Figure 4.11: Chordwise comparison of flight-test data at FC68, FC69 and FC70.

The region aft of the leading edge (0<x/clocal/0.4)5 shows a non-linear devel-
opment between FC68, FC69 and FC70. This is consistent with the discrepancy
in spanwise pressure coefficient at 2y/blocal≈0.68 for FS300. The other two men-
tioned differing points in the spanwise pressure coefficient plots, lie on the chordwise
line BL80. At BL80, an extended, sudden jump in pressure coefficient is recorded
between FC69 and FC70, whereas the data sets at FC68 and FC69 are very similar.

The three differing data points (in the spanwise comparisons) between FC69
and FC70 are thought to be caused by two different effects: first, due to slightly
different vortex separation positions and, second, due to an extended supersonic
region below the primary vortex. At FC70 the vortex is aligned with the wing
chord and lies above BL80. For a deeper discussion of this hypothesis, please refer
to paper F.

4.2.2 Additional Solutions at FC70
The following section is a complement to the data presented in paper F. In addition
to the comprehensive discussion given in paper F, it is interesting to note the grid-
dependent development of the inviscid solution. Due to the adaptation of the
numerical grid down to the wing boundary, every adaptation step results in a
refinement of the surface mesh.

5clocal is the chord length at the specific (local) BL.
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Figure 4.12: Comparison of Euler solutions at FC70 on the original and three
adapted grids.

In contrast to RANS solutions, inviscid computations of vortical structures are
heavily affected by resolved bluntness of the (blunt) leading edge[11]. Inviscid
computations can generate vorticity in the field, by correctly capturing physical
phenomena, such as curved shock waves in supersonic flows. In case of sharp, high-
sweep leading edges, the inviscid solution generates vorticity through an implicit
Kutta condition due to the discontinuity at the leading edge. But in case of blunt,
high-sweep leading edge vortex formation, the inviscid solution can only predict
the onset of vortex formation if the bluntness is sufficiently under-resolved. The
grid-independent inviscid solution of a blunt leading-edge, slender wing is free of a
leading-edge vortex.

For this analysis, the discrete grid is responsible for the generation of vorticity
and thus the refinement of the surface grid changes the predicted leading-edge
vortex location. By refining the blunt leading edge of the high-sweep section6, the
separation onset predicted by the inviscid method moves downstream. The surface
pressure coefficients for the sections FS300 and FS337.5 are presented in figure 4.12
on four subsequently refined grids. The result of the solution-based adaptation is
not only confined to an increase in vortex core strength. The refinement-induced,
delayed separation onset also results in an outboard shift of the vortex suction
peak as shown in figure 4.12. This outboard movement of the vortex location is
only found to happen in the inviscid computations. The adaptation of the grid for
the viscous case leads only to an improved vortex core discretization, and thus to
an increase in vortex-induced suction. The vortex location does not change.

The substantial difference in vortex core strength between the triply adapted
“inviscid” grid and the singly adapted “viscous” grid is shown in figure 4.13. This
figure presents also the topological difference in supercritical regions between the

6The “S-blend curve” leading edge section that joins the fuselage to the high-sweep section
features a sharp leading edge, but the high-sweep section features an increasing radius towards
the wing kink.
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Figure 4.13: Comparison of CFD solutions on adapted grids for FC70; left frame:
Euler, right frame: RANS; surface subdivision into sub- and super-
critical (darker) Cp; iso-contours of total pressure loss (p0/p0,∞) at
selected FS.

two computations. The supercritical region in the inviscid computation is clearly
divided in chordwise direction by the footprint of the leading-edge vortex. Whereas
in the viscous result, the supercritical region extends from the symmetry plane to
mid-span, whereby the weaker vortex has less impact on it.



Chapter 5

Conclusions

Some of the initial comparisons performed in the beginning of the AVT-113 project
were presented and the lessons learned applied to the subsequent CFD evaluations.

The contribution of this work to the AVT-113/VFE-2 task group has proven
the feasibility of high Reynolds number computations to resolve and thus better
understand the peculiar dual vortex system encountered on the blunt leading edge
geometry. Initial investigations into this phenomenon seemed to undermine the hy-
pothesis, that the formation of the inner vortex system relies on the laminar state
of the boundary layer at separation onset[37]. This initial hypothesis was expanded
to account also for high Reynolds number cases, where a laminar boundary layer
status at separation onset can be excluded. The independence of boundary layer
status to the development of the inner vortical system was recently confirmed exper-
imentally. Temperature sensitive paint visualizations by Konrath et al.[38], confirm
that laminar flow is confined to the up-most wing region (x/cr/0.05) already at
low Reynolds numbers and at low incidences.

For the subsonic HISAC evaluations, it was possible to locate a similar, Reynolds
number dependent inner wing disturbance, which does not develop into a full vortex.
This is due to the higher sweep and smaller leading edge radius compared to the
VFE-2 configuration. The initial design tools did not capture this disturbance and
the accurate resolution of this phenomenon was thus important for confirming the
validity of preliminary data.

The steady transonic VFE-2 computations were found to be fairly accurate be-
fore and after the critical angle of attack, but as many other VFE-2 contributions,
it was not possible to predict exactly the critical incidence. Time-accurate compu-
tations improved the situation, but did not result in the prediction of the correct
flowfield at the critical incidence. These computations were useful though to ana-
lyze the time-dependent interaction between the vortex breakdown and the shock
wave, which exibits substantial chordwise movement.

The transonic flight condition evaluated for CAWAPI shows similarities to the
transonic VFE-2 conditions in terms of interaction between the leading edge vortex

33
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and a spanwise shock wave. The lower incidence and higher Mach number of FC70
translates in a stronger shock wave and a weaker, more localized leading edge
vortex. Nonetheless, the interaction of these two flow phenomena results in major
discrepancies between the CFD results and experimental data. This is probably
due to the insufficient vortex core resolution in case of the steady and unsteady
viscous computations, which leads to a weaker vortex and thus to an unbalanced
interaction with the shock wave. The inviscid computations presented here were
able to capture the correct balance at substantial computational costs. Overall,
the success of the inviscid computation lies in explicitly proving the gains of grid
adaptation, but also implicitly showing the limitation of this method for viscous
computations on realistic configurations.

Effective and more reliable grid adaptation tools are a major prerequisite for
capturing these interactions without prior knowledge of the spatial location. The
available grid adaptation algorithms and methods were developed independently
for capturing separate, distinct flow phenomena. When these flow phenomena
combine to form non-linear interactions, using each adaptation algorithm separately
will partly fail. Although grid adaptation was crucial in achieving better results,
it showed also limitations in that it becomes impractical for complex geometries.
This can possibly be alleviated by the combined use of automatic grid adaptation
and higher-order spatial discretization schemes.

The synergetic effects of CFD evaluations on increasing model complexities is
appreciated when stepping from the simple delta wing of VFE-2, to the experimen-
tally well documented F-16XL up to the conceptual and complex HISAC models.
The practically viable discretization accuracy decreases with each step, as the a
priori flow knowledge decreases and the geometrical complexity increases. Gaining
enough knowledge of the flow behavior on the simple model is crucial for the trust
in the methods and the interpretation of the results on the most complex model.
This reasoning is not only confined to the volume discretization, but also to the
surface discretization, the numerical and physical modelling and the captured flow
structures.
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